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1999 Turbomachinery Committee Best Paper Award

Development of Advanced
Compressor Airfoils for
uraer | Heavy-Duty Gas Turbines—
reinnara minig | Part 1: Design and Optimization

Siemens AG,
Power Generation (KWU)
D-45466 Miilheim a. d. Ruhr, Germany

A new family of subsonic compressor airfoils, which are characterized by low losses and
wide operating ranges, has been designed for use in heavy-duty gas turbines. In particu-
lar the influence of the higher airfoil Reynolds numbers compared to aeroengine com-
pressors and the impact of these differences on the location of transition are taken into

Bernhard Kiisters account. The design process itself is carried out by the combination of a geometric code
for the airfoil description, with a blade-to-blade solver and a numerical optimization
Heinz-Adolf Schreiber algorithm. The optimization process includes the design-point losses for a specified Q3D

flow problem and the off-design performance for the entire operating range. The family
covers a wide range of inlet flow angle, Mach number, flow turning, blade thickness,
solidity and AVDR in order to consider the entire range of flow conditions that occur in
practical compressor design. The superior performance of the new airfoil family is dem-
onstrated by a comparison with conventional controlled diffusion airfoils (CDA). The
advantage in performance has been confirmed by detailed experimental investigations,
which will be presented in Part Il of the paper. This leads to the conclusion that CDA
airfoils that have been primarily developed for aeroengine applications are not the opti-
mum solution, if directly transferred to heavy-duty gas turbines. A significant improve-
ment in compressor efficiency is possible, if the new profiles are used instead of conven-
tional airfoils. [S0889-504X00)02102-4

German Aerospace Center,
Institute of Propulsion Technology,
D-51170 Koln, Germany

Introduction mental and numerical research wd. For the design process

. . - tself, two different computer-aided methods are commonly in
Modern heavy-duty gas turbine compressors used in combin oe . . ;

cycle operation have to deal with a number of requirements. D g€ t_he o!lrect and the inverse approach. In th? direct method, the
ow field is completely described by the specified cascade geom-

to economical and ecological demands, high efficiency as well 88y and the flow conditions up- and downstream of the cascade
higher power output, based on both growing mass flows and i Ty @ . P L '
e inverse approach is based on the velocity distribution on the

creasing specific work, are desired. Gas turbines have to oper rgfile surfaces. Together with a given solidity and the inlet/exit

with sufficient surge margin in different climate conditions, & w conditions. the associated airfoil qeometry can be defined
rotating speed variations due to frequency deviation in the po L - 9 y ca .

o, : 4]. However, this inverse design method requires multiple
supply system, and at part-load conditions. These requirements.

PR . ariations of the velocity distribution until an acceptable profile
can only be satisfied, if within the design process both the Sta%l"%ometry is obtained. The first supercritical airfoil, which was

and dynamic strength demands and Fhe aerodynamic perforr_naﬂg igned by the inverse approach and validated by experimental
of the compressor blades are taken into account. The stacklngré) ults, was presented by StephéBb In the following years

the profiles in the radial direction, as well as the profiles therrl)ﬁany authors showed the superiority of the new design, both for
selves, play an important role for the efficiency and the Opergﬁpercritical and subsonic airfoil8,7] ’

t'ogilesget%% t?]emvzzosl?lgxnm;eﬁi% compressor stages have In the same way as gas turbines have to work at part-load, the
9 ' P 9 rtﬂ'npressor airfoils have to operate at off-design conditions,

deal with transonic and supercritical velocity distributions, whil hich means different inlet flow angles, Mach numbers, and axial
in the middle and the rear stages subsonic flow is predominant. Qlocity density ratios. By using an ir;verse approach’, it is not

this subsonic region it is very efficient to use profile families fop ' /o4 " - ofsider the cascade’s performance at part-load con-

blading in order to.achi.eve a fast and rgliable compressor desi ftions. Only the employment of a direct flow solver can provide
The quality of an airfoil is mainly determined by the total pressurg . - ation on the airfoil’s off-design behavior.

loslietigndats?edail#g:genl?lgir?gi?gtrlrr]ligliiersanh%%e been developed fo A second reason for using the direct method is to enable the
he past, | . op (goupling of the flow solver with an optimization algorithm and a
use in subsonic compressor design. Based on extensive exp

(N . P L A .
mental studies, the NACA-65 airfoilid] were implemented in §éometrlc code for the airfoil description in order to achieve an

many aeroengine and heavy-duty gas turbines. From the end®y omated design tool. The variables needed as input to the geo-

. g o= . tric code can be used as independent variables for the optimi-
the seventies controlled-diffusion airfof€DA) made their way zation process. With the use of gn automated approach aplarge

into modern compressor design, which were based on both EXPRlimber of airfoil designs can be carried out, which is required to

establish a new airfoil family. This idea of automated design has

Contributed by the International Gas Turbine Institute and presented at the 4 i
International Gas Turbine and Aeroengine Congress and Exhibition, Indi.’;\napoﬁneady been presented by Sanﬁﬁirand used for optimizing the

IS, . . . . .
Indiana, June 7-10, 1999. Manuscript received by the International Gas Turbﬁf@SQU of a Com_rO”ed'd'fflj'smn stator blade row. With the in-
Institute February 1999. Paper No. 99-GT-95. Review Chair: D. C. Wisler. creasing calculation capacity of modern computers, the employ-
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ment of such coupled, automated design tools is still rising, Sanz
[9] used an inverse hodograph method in conjunction with an
optimization algorithm, Goel et aJ10] extended the use of this

automated design to turbine airfoils and Pierret ef ] coupled angleA\, . Together with thex/y coordinates at locatio8, (the

a Navier—Stokes solver with an artificial neural network. Evegonnection between the two suction side spliresd the corre-
a_Igorithms base(_j on g_ene_tic ideas made their_ way into airfoil d@ponding data for the trailing edge, the two spline functigrem
sign[12] and optimization is now used for solving different probg, to S, and fromsS, to S;) can be calculated. The pressure side is
lems in turbomachinery13]. But in all these airfoil design pro- attached with the requirement that the maximum airfoil thickness
cedures, the off-design behavior is excluded. matches the prescribed value ofln a further step the circular

_ Today in most heavy-duty gas turbines NACA-65 or CDA profeading edge is modified to an elliptical one.

files are in use for designing the subsonic compressor stagesthe effectiveness and flexibility of this model is demonstrated
While the NACA-65 profiles were initially developed as airfoilin Fig. 3 by the reproduction of three given airfoil geometries. In
profiles, the controlled-diffusion airfoils were originally designegnhe top diagram a controlled-diffusion airfoil of the V84.3A-
for use in supercritical cascades. Hence, both families were nglemens gas turbind 5] is shown. The next airfoil was designed
initially designed for use in subsonic heavy-duty gas turbine comsing the inverse approach for application in the first rotor hub
pressor stages. So the question must be raised: Do these airfgdgtion of an industrial compressft6] and the third diagram
represent an optimal solution to meet the requirements of sughows an inverse designed high turning stator cross selgion
large compressors, where the profile loss and the airfoil's operali three reproductions are almost congruent with the original
ing range are of utmost importance? ﬁeometries. This underlines the flexibility of the geometry pro-

Fig. 2 Design parameters for airfoil generation

This paper deals with the development and experimental va§iram to construct arbitrary profiles, which is necessary to allow a
dation of a new compressor airfoil family under consideration @juccessful optimization process.

the special flow boundary conditions in a heavy-duty gas turbine

compressotFig. 1). A direct approach is used because the design Blade-to-Blade Calculation Method. All calculations pre-
and the off-design behavior of the cascades need to be taken mted in Part | have been carried out with the inviscid/viscous
account. As the profile geometry can be described by a numberflov solver MISES developed at MIT by Gilgd7] and Drela
geometric parameters, the search for an optimal airfoil geometA8]. A two-dimensional, steady-state and inviscid calculation of
can be transferred to an optimum search in a multidimensiorie flow field is coupled with an integral, compressible boundary
space and can be solved with a modern numerical optimizati#yer calculation. The influence of the stream tube height is taken
algorithm. Based on a variety of optimized profiles, a new airfointo account and for local supersonic regions the “artificial vis-
family was created that covers the wide range of mechanical ag@sity” formulation is implemented. The flow is discretized by a
aerodynamic properties of the multistage axial compressor. D#ite-volume approach, where two of the four element edges are
tailed experimental investigations, carried out in the DLR traridentical to the streamlines. The corresponding computational grid
sonic cascade wind tunnel, confirmed the superiority of the optPPology and an enlargement of the leading edge region are shown
mized profiles. The corresponding results are presented in PartiFig. 4.

of this paperf14].

Analysis Methods

02 — SIEMENS-Airfoil, Direct Design
The airfoil design process used for the development of the ng 0.15 ‘ B
profile family is carried out automatically by the combination of § £ 0%; /\
geometric code for the airfoil description with a blade-to-blad o
solver and a numerical optimization algorithm. -0.05 b 57 0T e 0% oa !
Profile Model. The geometry model implemented allows a 02 ‘_ ......... MAN-GHH-Airfoil, Inverse Desﬂ
direct description of the airfoil surfaces. As the suction side dit 0.15 l B
fusion is mainly responsible for the profile losses at design co| g ot A
ditions, the profile generation starts with the suction side constru 0.05
tion and then attaches the pressure side. 0
Figure 2 gives an example of the airfoil geometry. For the 005 02 04 yc 08 08 !
construction of each surface two third-order spline functions a 02 I DLR-Airfoil, Inverse Design
used. The leading edge geometry is described by an elliptic 0.15 Reproducti
function, the trailing edge by a circular arc. In general a splin| o o1
function definition requires the start and end point coordinates | > 05
well as the referring slopes. The leading edge enlargement sho 0

0.4 0.6 0.8 i

the parameters used in this geometry model to define the coor 02

nates and the slope at the suction side starting &inthe lead-

x/c

ing edge radius ., the inlet metal angle\,, and the wedge

398 / Vol. 122, JULY 2000

.3 Reproduction of three compressor profiles
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tarting geometry = 1 set of n parameters => OBF

n gradients corresponding to n parameters
=> OBF,, - OBF,,

Fig. 4 Computational grid for subsonic compressor airfoil

determine step width = define actual

set of n parameters => OBF
Based on the inviscid flow results and the airfoil surface geom-

etry, an integral calculation of the two-dimensional, compressible

laminar and turbulent boundary layer equations is carried out dur-

ing each iteration step of the flow solver. The laminar—turbulent

transition can occur in three different modes depending on the

free-stream turbulence level, the Reynolds number, and the pres-

sure distribution: free, bypass, and transition in combination with

a separation bubblgl8,19. Inviscid and viscous code elements Fig. 6 Flowchart of optimization algorithm

are coupled by the displacement thickness. Contrary to most

inviscid/viscous codes, MISES solves the boundary layer equa-

tions together with the flow field as a coupled system. After each

iteration step, the computational grid node coordinates are adapted. . . | . o

to the local flow conditions, so that in a converged solution the OPtimization Algorithm.  The goal of each optimization pro-

grid lines in the main flow direction coalesce with the strearf€ss Is the m|n|m|z§t|on or maximization of an objective function.

lines. The exit flow angle and the total pressure loss are calculalés€ of the geometric parametés;, ANy ,r g, Np, AN, trg, .. )

by conservation of mass, momentum, and energy from the c8own in _Flg. 2_as optimization parameters for thl_s process Igads

cade exit to a specified mixing plane downstream. to an optimal airfoil design with respect to the given objective

For a first validation, experimental data and MISES calculdunction. For each parameter lower and upper bounds have to be
tions of the two inverse designed airfoils shown in Fig. 3 havéefined in order to avoid physically meaningless solutions. These
been compared. Fig. 5 and Table 1 show the results for the MAQefinition ranges are also used for the normalization of each pa-
GHH-Airfoil [16] at design point conditions with more than 3gi@meter. This allows comparison of parameter gradients based on
deg of flow turning. The calculated Mach number distribution jgifferent dimensions. The choice of which optimization algorithm
in excellent agreement with the experimental data for both suctigould be adopted to solve a given problem depends strongly on
and pressure side. Static pressure rise, exit Mach number, 4@ mathematical properties of the objective function. The higher
total pressure loss show a very good agreement and exit i objective function’s order of steadiness is, the more sophisti-

angle difference seems to be near the measurement accuracy. caigd the chosen optimization algorithm can be. But the question
MISES validation prior to the design of the new airfoil familiyOf whether the optimum reached is a global or local one cannot be

was extended to the comparison of the complete operating rafggwered. o o
for both inverse designed airfoils. MISES showed satisfying FOr the optimization presented in this paper, a combination of
agreement to the experimental data in all regarded conditions, ¢ @lgorithms has been adopted: a normal-distributed random

these first results confirmed the choice of MISES as the preferrggfrch cod¢GLOBAL) together with the deterministic Gauss—
flow solver for the intended airfoil design. Seidel-Coordinatéd GSO strategy, which basically is a gradient

method. A fundamental description of both is presented by
Schwarz and Spiegdl13] and the corresponding flowchart is
shown in Fig. 6. Each objective function call means blade-to-

optir;!zed geometr; => min{OBF)

p—y

E'Q - | . blade calculations for the stagger angle determination, the design

~ B,=128.3 and the off-design behavior for a given geometry set of n

g 08 M,=0603 | parametersand is symbolized by %" in the flowchart. Hence,

= R AVDR =1.067 for a certain airfoil the requested flow turning is achieved by the

2 0.6 determination of the required stagger angle through preliminary

c blade-to-blade calculations in each objective function call.

) At the beginning the user has to define one sat parameters,

= 04 2 which represent the initialstarting geometry and the basisa”

L0 i for the random search code. Within the given definition ranges, a

8’ > [ MISES - Calculation normal distribution of each parameter is generated with each start-

E 02F Experimental Data ing parameter as an expected value and a preliminary user-

2 [ I l I specified standard deviation. For each of the so-der@/eskts of

= 0l T T . o parameters the objective function values are calculated. As the
0 0.2 0.4 0.6 0.8 1

chosen objective function includes the calculation of the cascade’s

design and off-design behavior, the random search bagisvas

Fig. 5 MISES and experimental Mach number distribution set toa=2. With a number of parameters” used in the opti-

mization process between=6 andn=10.a" was in the range of

64 to 1024. That set of parameters, identified by the minimal

objective function value, serves as input/starting geometry for the

B2 Mo w p2/p1 GSC strategy. Each GSC iteration cycle consists of three steps:
MISES 89.7° | 0.466 | 1.51% | 1.098

Experiment | 90.4° [ 0.466 | 1.45% | 1.098

" Distance along chord, x/c

Table 1 Numerical and experimental exit data

» search for the optimization direction in thedimensional
space,

Journal of Turbomachinery JULY 2000, Vol. 122 / 399
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 determine the step width for the found optimization directior 005
(leads to a new set af parameters
» check all defined convergence criteria. 0.04

3
The optimal set oh parameters defines the geometry, which witr§
respect to the objective function, repesents an optimal solution f2 o3|
the given problem. The higher the numberand the standard !
deviation in the random algorithm are, the more global the searc
is.

0.02 -

| pressure

The combination of the three presented codes, the geometg »
profile model, the blade-to-blade flow solver, and the optimizatio*™ oot}
algorithm together with a given objective function, enables th

user to automatically design airfoils for a given vector diagram. 0 et L y L ) :
3l -8 6 -4 2 0 2 4 6 8 10

Incidence, i

Airfoil Design

The prescribed tool for automated airfoil design has been used ~ Fig- 7 Elements for objective function definition
for a wide range of application. Based on a large number of op-
timizations, a new airfoil family has been developed.
terms, which introduce geometric restrictions for a mathematical
formulation. For instance, due to static and dynamic strength re-
Birements the cross section area of a rotor blade may not be less
an a certain given value. If during the optimization process a
éometry is generated that fails this criterion, a relating number
will be added to the objective function value OBF. The refer-
ce values allow a normalization of the different objective func-
€ti8h terms. The coefficient€ are used for weighting each term
%?ainst the others and must be specified by the user and validated

Range of Application. Because an airfoil family used for the
whole subsonic compressor has to cover flow turning proble
for both the mid and the rear part of the compressor, for both t
hub and the tip endwall blading, for both stators and rotors and f
different reaction numbers, each considered variation param
has to cover a wide range. In Table 2 the minimum and maximu
values for each design parameter are given. One discrete valu
each design parametéB,, AB, M4, t/c, s/c, and AVDR is
established in order to define one flow problem, which is to
solved by the automated design tool. Within these ranges o
design relevant combinations of parameters have been adopte
a basis for the new airfoil family.

test runs of the design tool. The objective of the optimization
ocess is to minimize this function.
ith this type of objective function a design will be achieved,
which is characterized by:
Objective Function. Apart from the flow solver the quality
of optimization results depend mainly on the optimization algo- , ; ; .
rithm itself and on the formulation of the objective function. If | :\évé?iii?epféﬁmi r:tgﬂerhargin'
this formulation mathematically represents the desired physical, a low and constant loss Ievél within the inner 80 percent
behavior, a good design can be expected by using an optimization incidence range:
process. So the validation of a chosen objective function is one, no violation of a’ny geometric restrictions
key to a successful automatic airfoil design. ’
As mentioned above, modern heavy-duty gas turbine compr&sis formulation represents a new approach in automated airfoil
sors have to operate with high efficiency at varying conditionglesign, because the cascade’s complete operating range is taken
This primarily means that the level of the total pressure loss at tirgo account.
design point and the entire incidence range of the cascade is es-. _ . o . . .
sential for the compressor performance. Figure 7 illustrates allAirfoil Optimization. ~ To give an impression of the presented
elements used for the objective function, which takes into accodfP!'S and objective function’s efficiency, an optimization ex-
the complete airfoil's operating range. The corresponding form@Mple will be presented and discussed in detail. Figures 8-10

 low loss at design point condition;

lation of the objective function is show comparisons between the profile before and after the opti-
mization. In the lower diagram of Fig. 8 the design point and
wp AB; cascade datg3;, AB, M4, t/c, s/c, and AVDR) are noted. With
OBF=C;- _ref+02' AB1 res a diffusion factor ofDF =0.42, the loading of this cascade is
‘e |(ABst/AB1) = (ABst/ A1) e
3 (AIBSt/Aﬁl)ref
0.12 1
+Cp 20 4oy T 4 SPF. 1 o LT
@80 ref 080, ref So0sf ~ G
The total pressure loss at design conditions is called The §006 / s 2
limits of the attainable operating range3; are defined by twice -g ' / NN g -3
the value ofwp . The relative stall margin is given by the expres-=%%* a3
sion (ABs/ABy). To aspire to a “flat” loss curve, the mean 0,02( e g 5t
value of the total pressure losses for the inner 80 percent of tI ; 5
operating range is calle@g, and the corresponding standard de- ~ ° Dios'tzancé)éongofhord?'i/c ° Distance ﬁlongoi?hom?‘?(/c
viation ogy. The abbreviatiorPF represents the penalty function
B, =145° AB=1422°, M, =0.60, Tu=3.0% _._........ Starting profile

t/c = 0.085, s/c = 0.933, AVDR = 1.05, Re = 2.510°

Optimized profile
Table 2 Range of design parameters

61 AB | My t/c | s/c | AVDR
Min 130° | 4° [ 035 ] 0.04 | 0.7 0.9
Max (| 165° | 30° | 0.80 | 0.16 | 1.2 1.2

Fig. 8 Geometry of starting and optimized profiles

400 / Vol. 122, JULY 2000 Transactions of the ASME
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w

12 : : S layer is still thin. On the one hand this means that in the front
' | = .l 25— ‘s‘i°"°"?""° : accelerated part the boundary layer of the starting profile is al-
1——{' I g‘;;‘,:g;:;;‘;;,eF MY Transition] ready turbulent. On the other hand this leads to a smaller decel-

eration gradient for the optimized airfoil downstream of the peak
""" —4?Z Mach number. With incompressible shape factor values below
gz 18 both aiyfoils show significant margin to suction side separa-
e = > 0008 Distance along Shord, xic téo(;\,T\/\éhlch is assuc;neg to gccurl Bit»; values bethrelenk 25 agd
T h ) 1 ’_1_1; ] .0. The suction side boundary layer momentum thickness distri-
S == Syctensidel 1 butions are presented in the lower diagram on the right side. In
conjunction with the Mach number distributions, the important
0,002 | R role of the deceleration gradients can be clearly seen: The higher
‘ / the local deceleration gradient is, the higher the local momentum
o thickness growth rate is. For instance, between 30 and 70 percent
Distance along chord, x/o of chord, the diffusion on the starting geometry is significantly
higher and the boundary layer momentum thickness grows with a
higher gradient, as well. At the trailing edge of the starting profile
the momentum thickness is slightly higher than for the optimized
geometry.
within an usual range for subsonic heavy-duty gas turbine co The tota}l_pressure losses for both airfoils are presgnted in Fig.
irfoils. The Revnolds number is set 1218 and the TO. In addition, the corresponding elements qf the objec.tlve func-
pressor air : y tion are noted. With regard to the starting profile, the design losses

turbulence level to a value where bypass transition is predomllz o heen reduced by more than 6 percent, the incidence range
nant. That means that transition occurs at a location where ttq '

t thick R Id b h | %S been increased by more than 4 deg, including 1 deg larger
P;ﬁgﬁ; 2810 ICKness Reynolds number approaches a value gy margin, and the penalty function value has been reduced to

As th left di h both tries. the startiZ&"°: Correspondingly, the objective function value could be re-
s the upper 1efl diagram Shows, both geometries, he Startig o from 5.44 to 4.17. The main cause of the increased operat-
and the optimized design, have the saxhe value for the maxi-

. . . ing range is the thicker leading edge geometry, which is less sen-
mal thicknesgt/c at 25 percent. The thickness of the optimize itive to any off-design inlet flow angle. The almost flattened

profl!e In f_ron_tiof and behln(_:i the maximum IS higher, because tf}ﬁidpart of the profile and the smaller trailing edge momentum

starting airfoil's cross section area is too small and leads t04Rickness values lead to the reduced design point losses

violation of the corresponding mechanical restriction. In the UPPET The considerable improvement in the design and the off-design

right diagram the curvature distributions of suction and pressu}é%gavior of the optimized profile proves the efficiency in airfoil
(o}
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Fig. 9 Mach number distributions and boundary layer param-
eters for starting and optimized profiles

side are preseqted. T he greatest differences appear on the f ign of both the optimization process and the objective function
part of the suction side d'Str'bu“.On’ where the optimized airfo rmulation. The starting profile’s Mach number distribution with
has curvature values below5. This strong curvature leads {0 g 50 eleration untik/c=230 percent resembles closely a CDA-
a!most flatten_d midpart of the suction side, as shown in the .lOW pe distribution. For most of the CDA designs, apparently, it has
d'agram of Fig. 8. The front ngge "’.‘”9@1 has bee_n consid- been assumed that laminar flow is present on the suction side, at
erably increased during the optimization process, which resultslg}jlst partly up to 20-30 percent of chord. The new optimized

Cgﬁfoils, however, consider the effect of early transition at the high
Vﬁ'eynolds number and turbomachinery turbulence level.

This optimization process has been carried out for approxi-
ately 400 airfoil designs in order to get enough optimal profiles

oSr a basis for the new airfoil family. All design calculations have

of the optimized airfoil are characterized by an increase in cur
ture and a higher rear wedge andl@ .

Comparing the Mach number distributions for design condi,—n
tions in Fig. 9, the most significant difference is visible in th
upstream propagation of the peak suction side Mach numberieen carried out at a Reynolds number=2e5x 1CF, which rep-

the optimized airfoil. As shown in the upper diagram on the rig gesents an average for the blading in a real large-scale heavy-duty

side, the laminar—turbulent transition on the suction side is | S turbine comoressor. Because the turbulence level is about 3
cated upstream of 10 percent chord. Suction side diffusion stadf Mpressor. !
rcent and higher in the mid- and rear-part compressor stages

shortly after the transition location, when the turbulent bounda&o] and as further increase in turbulence level hardly affects the

MISES-calculated transition location at Reynolds numbers higher
than 2<10° (see also last section of this paper and Fig, 15
turbulence level was set to a value Dfi=3 percent.

008 [7 ___________ Starting profile The optimiz_ation results have bee_n used as a data basis_ to de-
o timige% profile velop_ corre_latlons for each geometric parameter as a function of
g 0.04 p the six varied flow and cascade parqmet(g&@ AB, M4, tlc, .
a e . s/c, and AVDR). Using these cor_re_lanons in compressor design
s Y| g, c1rere : leads to an extremely fast and efficient blading design. In contrast
"o 0.03 E Aﬂsz_ﬁ ;72/-““ i— to cqnventlonal airfoil families where geometric input I_|ke stag-
5 % o oaom 100 ger, inlet, and outlet metal angles is needed, only the six flow and
% ‘_‘ PF=0520 / cascade parameters have to be defined. As a two-dimensional
5 002 \d 8F = 544 L duct- or throughflow compressor design calculation results in the
] S E TR R o AR EERTTEH S — radial distributions of the flow properties in the axial gaps, all six
:§ . 2 0502 parameters for each cross section in the flow path are given and
0.01 o, = 1606 % the corresponding airfoil geometry is directly determined by the
0u - O83410" developed correlations. In order to validate these correlations and
OBF - 417 _ the corresponding airfoil family, a four-step process has been

00035~ 737 139 141 143 145 147 149 151 153 155 adopted:
Inlet flow angle, B, o o o
» Check airfoil geometry within given ranges of application for

Fig. 10 Total pressure losses of starting and optimized pro- violation of geometric restrictions.
files » Check objective function curves/planes of the new airfoil
Journal of Turbomachinery JULY 2000, Vol. 122 / 401
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Table 3 Design parameters of test cascades A-D

is
Is

= =
Cascade A B C D Bost/r TN\ a] Rosl
M, 0715 | 0.607 | 0556 | 0.438 E I \\ E LN |[B]
B 149.4° | 142.0° | 147.3° | 137.0° S08p=N Cos \'B
AB 10.3° | 147° | 12.8° | 18.0° S -0
t/c 5.0% 7.0% 7.4% 9.3% 2 £
S/C 0.855 0.888 0.953 0.874 g0-2 - Test Profile 1 202 [ Test prof.ile -
AVDRE || 1.06 1.05 1.05 0.99 § o oA § J o A
DF 0.393 0.393 0.407 0.422 UDist%ioeoé‘:onglgho(l)'g x/c UDist%%oeoa'Tong?:ho(r)ds, x/c
= =
family for unusually high values in order to determine regions §0.B _fg"oﬂ
where the geometric correlations do not match the support points/g \\ [Q E
results from the optimization process. Eos : S Eostf N\ D]
» Compare geometry and objective function values of an opti- § |eie \'\) S |/ \\
mized airfoil with the corresponding representative of the new 04 = =04 P
family for arbitrary combinations of the six flow and cascade pa- ‘g I | T - S‘o.z = —
rameers. 8 sl MR B B gty oy
« Compare representatives of the new airfoil family with con- 8 oL =1 1 8.
ventional controlled-diffusion airfoils. ) Dist%iceoﬁongo'ghogii x/c ODist%iceoé‘}ong'gho?da, x/c

Steps one and two were performed for more than 4000 geom: 1, Design Mach number distributions of CDA and new
etries. In those parts of the range of application where thegeis

checks revealed unsatisfying results, the correlations have been

corrected. In the third step for about ten combinations of the six

flow and cascade parameters, new optimizations have been pRgfscade A to OFig. 11, which are characterized by decreasing
formed and their results have been compared to the represeffigs; pach numbers. As controlled diffusion airfoils were initially
tives of the new airfoil family. All examples showed almost NQyesjgned for use in supercritical and high subsonic applications
changes in airfoil geometry and the decrease in the objective fungyy afterward transferred to use in mid and low subsonic stages,
tion value was negligible. As a part of the validation of this new, narticular the low subsonic airfoils show significant changes in
approach, four examples for the step four comparisons are pssign. In contrast, cascade A is quite similar for both designs, as
sented in the following section. a significantly increased front loading based on a thicker leading

Comparison to Reference CDA Cascades.For the experi- €dge for the test profile would result in a local transonic flow
mental investigation of the new airfoil famifi4] four cascades region and lead to higher total pressure losses.
have been selected, which are typical representatives for rotor anffigure 13 presents the total pressure losses for all four test
stator sections in the mid and rear part of a comprel&Hr The profiles together with the corresponding controlled-diffusion air-
design parameters together with the diffusion factors are presenf@é- All representatives of the new airfoil family are character-
in Table 3. For these parameters, four profilés-D) have been ized by increased operating ranges, including higher incidence
adopted from the new airfoil family, where the inlet Mach numbei@nge to stall. The highest growth can be seen for cascade B,
is decreased from cascade A to D. In order to demonstrate t#{Bere the stall margin rises from 5 deg for the CDA to 9 deg; all
superior behavior of the new design, four controlled-diffusion aifhree other airfoils show an increase in stall margin of at least 1.5

foils have been selected, which satisfy the same design requi€g- All four new profiles likewise show lower total pressure
ments. losses over the entire operating ranges.

A comparison of the airfoil geometries is presented in Fig. 11. In order to demonstrate the achievable benefit of this new air-
As the inlet Mach number decreases, the ritas) profiles show foil family on the compressor eff|C|en_cy and cos_t, additional _Ioss
smaller stagger angles than the controlled-diffusion airfoils. SinfHrves(dash-dotted lingsare included in all four diagrams of Fig.
lar to the earlier exampléFig. 8), the new airfoils show more 13. The five design parametevs, , 8;, AB, t/c, and AVDR are
camber in the front and less camber in the midportion, and tk&Pt at the same values already presented in Table 3, while the
leading edge geometries are thicker compared to the CDA shapich-to-chord ratios are increased. For the test case D the same

The corresponding design point Mach number distributions apéall margin as for the controlled diffusion airfoil has been
shown in Fig. 12. All test profiles are characterized by a fronichiéved by adopting a pitch-to-chord ratio of 1.05. Even with the
loaded pressure distribution, boundary layer transition shortly b@aximum pitch-to-chord ratio covered in the range of application,
fore the velocity maximum at about 7-10 percent chord, arthe stz?\II margins for the |ncreaseq-p!tch airfoils of test cases A—C
smaller deceleration gradients in the midpart of the airfoils. TH€ still higher than for the CD airfoils. Hence, for the presented

differences between the new and the CDA design increase fr&@mparisongA—C) a s/c value of 1.2 has been adopted. As the
stall margin(compared to CDAdoes not decrease, the same com-

pressor operation range can be guaranted based on reduced num-
L bers of blades and vanes. In all four cases a significant reduction

--------- CD Airoil . . . . .
——  Testprofile in the total pressure losses for the entire operating ranges is vis-
ible. At design point conditions the losses are decreased by 20
percent. Based on this example a compressor efficiency rise of 1
percent and more can be expected.

In order to elucidate the reasons for the considerable increase in
operating range the Mach number distributions-&tdeg and+5
deg incidence for cascade C are compared in Fig. 14. The corre-
sponding incidence flow angles are marked in the total pressure
loss diagram in Fig. 13. The importance of the thickened leading
Fig. 11 Geometry of CDA and new airfoils edge vicinity is demonstrated by the off-design behavior of test
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0.05 12 T : 07 : :
CD Airfoil ——o— Re=0.1-10°
i}' 0.04 - Testprofile A = | ReT, Tu? 06 Re =0.5-10%;
H -==mmmw-Increased pitch, s/c =1.20 | - J o ——o— Re=1.0-10
I g }05\. ———o0—— Re=2.0-10°]
g o003 T I E os| AN = ko, | —=— Re=50 10°
g O\ )z £ %\\ N N —_
£ ou S A §ontf— we] 2R
£ S S s st = ] £ X
e §°4 %02 \ R, \
0 - £ o Laa
z 8 Incidence, i 2 § o2 01 \\. \ \%N
0.05 2 L ol o
CD Airfoil YYTY-Y
3 004 f—oo e Test ;lzrgtlileB % 52 04 06 08 g .
a ’ \ JR— Increased pitch, s/c = 1.20 Distance along chord, x/c Turbulence level, Tu [%]
_ . { :
2 003 N v . .
ﬁ \ . / Fig. 15 Influence of Re and Tu on transition onset
g 0.02 F 2 S
S o0} - =T
[=]
Ll . . . .
ol I . i ) number distribution, lower total pressure losses and considerably
005 Incidence, i higher operating ranges including increased stall margin.
3 b | Seet profile C N Influence of Reynolds Number. Compared to CDA, the new
g ’ e Increased pitch, s/c = 1.20 airfoil family is characterized by a front-loaded Mach number
g oo3f- o W S -| distribution. In order to emphasize that the upstream propagation
8 002 B d of the boundary layer transition is caused by high Reynolds num-
[ e R S i bers, a corresponding numerical parameter study is presented in
g oo s =i e this chapter.
= . =8 ! Due to the high mass flow and the resulting large dimensions in
-12 8 Incidénce, i 8 2 a heavy-duty gas turbine compressor, the rotor and stator chord
: o engths have to be considerably increased compared to aeroengine
0.05 lengths h tob derabl d d t
° VY S I I R $es..',r:f'nen dimensions. Together with the higher inlet density at design point
g - : Increased pitch, s/c = 1.05 conditions, the profile Reynolds numbers are significantly higher
£ 003 p— - \ / K (Re=2-4x10°). Together with the high turbulence levels in the
g 0.02 S pa ’ mid and rear part of a multistage compressor, this leads to an early
| B S i S e L — — bypass transition of the blade boundary layer even at favorable
:'9’ 0.1 pressure gradien{g2].
o In this context a numerical parameter study based on MISES
26 2 Incidence, i 2 calculations is presented in the right diagram in Fig. 15. Boundary

layer transition is calculated for the suction side Mach number
Fig. 13 Total pressure losses of CDA and new airfoils distribution shown on the left side of this figurd(=0.6). Both
increasing Reynolds number and rising turbulence level result in
an upstream propagation of the transition location. For low Rey-
profile C. While the CDA’s peak Mach numbers are in the supenolds numbers and small turbulence levels, the transition is insight
sonic range, the new airfoil avoids these peaks atdeg and+5 a laminar separation bubble. For high Reynolds numbers and high
deg incidence and stays at a moderate Mach number level. Thisbulence levels the transition occurs in the bypass mode. The
peak reduction leads to a significant boundary layer unloading ¢orresponding Mach number distribution is accelerated wdil
the vicinity of the leading edge and finally results in an improve= 30 percent. So, with turbulence levélsi=3 percent and Rey-
ment of the separation behavior. In both diagrams in Fig. Ifblds numbers Re2x1(° the onset of transition migrates up-
downstream ofx/c="50 percent on the suction side and downstream into the region with an accelerated boundary layer to a
stream ofx/c= 10 percent on the pressure side, differences in thelative chord ofx/c=7 percent. A further increase of the turbu-
Mach number distributions can hardly be seen, so the cause [grice level does hardly affect this transition location. It is assumed
the increase in operating range has to be related to the changeéhit even unsteady effects like wake passing, described for ex-
the front part. ample in the work of Halstead et d123], do not significantly
Summarizing, one can find that, compared to the reference ditfluence this early transition location, because the Reynolds num-
foils, the new airfoil family is characterized by an increased leadber is high.
ing edge thickness and a flattened midpart, a front-loaded Machan optimal airfoil design has to take into account the change in
transition location and mode. Hence, compressor airfoils, which
were initially designed for aeroengine flow conditions and then

212 212 transferred to heavy-duty gas turbines, do not account for these
= rﬁ = ’4_—Jﬁ o .
e PS-peak e SS-peak | effects and do not represent the optimal solution for the heavy-
F] ] duty gas turbine compressor design.
Eos i=5°] | Egg \ [i=+5°} To answer the opposite question, whether the new airfoil family
c PR s B N would also show superior behavior in flow conditions where the
& 08 S ] 8 0o Sy transition onset is located further downstream, the results of a
= T ————— = b= s el . .. . . . . .
S 0.4 S 0.4 —~—] final optimization are presented in Fig. 16. As a basis for this
a a = design test profile C was selected. The corresponding design pa-
o2k Test profile C|| oo Test profile C|_| . : S ;
= o CD Airfoil =t D Airfoil rameters are noted in Table 3. This test profile is used as starting
2 0 S S S a ) SRS S S S geometry for an optimization carried out at R@8x10° and
ODista'nce along chord, x/c Distance élong'cho(r)éi x/c  Tu=1percent. The results and a comparison of both cascades are
presented in Fig. 16. The top diagram shows the two geometries,
Fig. 14 Off-design Mach number distribution of CDA and new the representative of the new airfoil family as a dotted line and the
airfoils low-Reynolds-optimized profile as a solid line. In particular the
Journal of Turbomachinery JULY 2000, Vol. 122 / 403
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Poor [Bol Fo.01 [Bol
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141 145 1)49 153 157 ?7 141 145 149 15‘13 157
Inlet flow angle, B, Inlet flow angle, B,
No. | profile Re Tu wp Ap1 | OBF
la | start. | 2.5-10° | 3% || 1.49% | 16.9° | 4.18
1b start. | 0.8-10° | 1% || 1.56% | 17.3° | 4.99
2a | optim. | 2.5-10° | 3% || 1.56% | 13.6° | 4.55
2b | optim. | 0.8-10° | 1% || 1.55% | 14.2° | 4.29
Fig. 16 Influence of Re and Tu on optimized profile geometry

midprofile region is characterized by an increase in camber.
the Mach number distribution at design point conditiomsdleft

Hence, for application in a heavy-duty gas turbine compressor
with its specific boundary conditions, the new designed airfoil
family has proved superior performance for design and off-design
conditions. From this final low-Re optimization result, the transfer
of this airfoil family to aeroengine application cannot be advised,
as the controlled-diffusion airfoils in use until now seem to pos-
sess equal or even superior design and off-design behavior.

Conclusions

An important advantage is achieved by an automated design
process, in which the blade geometry generation program and the
flow solver are coupled to search for an aerodynamically opti-
mized airfoil. Thereby, this process is not restricted to the “state
of the art” experience of a design engineer. A further extension of
the range of application can easily be achieved by integrating the
results of additional optimizations/profile designs into the existing
new airfoil family.

The superior performance of the new airfoil family for high
Reynolds numbers, which is characterized by an increase in the
attainable operating range and a decrease in the total pressure
losses, confirms the efficiency of both the automated tool for op-
timized airfoil design and the formulation of the objective func-
tion. As the heavy-duty gas turbine compressor specific high Rey-
nolds numbers lead to an upstream propagation of the boundary
layer transition, an optimal velocity distribution has to account for
these effects by a suction side maximum position in the front
portion of the airfoil. Utilization of the newly developed airfoil
family allows a reduction in blade and vane counts in comparison
to conventional airfoils. For a given compressor operating range
this leads to a further significant increase in efficiency.

As for each of the optimized airfoils the design and the off-
design behavior is known, a complete database including the total
pressure losses and the exit flow angles for different inlet flow
angles, inlet Mach numbers, and AVDR values can easily be de-
veloped. Consequently, for the new airfoil family, such an exten-
sive database has been generated in order to replace flow turning
and total pressure loss correlations used in two dimensional duct-
or throughflow streamline curvature codes. So, in the future, the
risks in compressor development are significantly reduced by the

owledge of the exact off-design behavior during the first steps
of the design process.

diagram the front-loaded suction side curve is changed to
“roof-top” or CDA-similar distribution with laminar suction sur-
face flow up to 35 percent of chord. On the pressure side a decel- a
eration in the first 20 percent of chord is visible for the optimizedVDR
profile. In the rear parts of the suction and the pressure side the ¢

Mach number remained almost unaffected by the optimization. &s —Cg =

the shape factor distributions for the low-Re numbgrsdright Cr
diagram indicate, the optimized airfoil’s transition has migrated DF
further downstream. Lower losses on the suction side due to arH,
extension of the laminar flow region are compensated by higher |
losses on the pressure side due to slightly increased deceleration M
in the front portion. Hence, both airfoils possess almost the sam®BF
design point value:wp=1.55 percent 1.56 percent(compare p

2(b)=1(b) in the attached table The objective function value P,—P5 =

for the optimized airfoil has dropped from 4.99 to 4.29. In par- PF
ticular, the rise in stall margin is responsible for this improvement.  r
So, for low-Re conditions the optimized, CDA-similar profile Re

shows better design and off-design behavior, which confirms the s =

use of such airfoils for these boundary conditions. S-S5

In order to demonstrate that the representative of the new airfoil
family still possesses superior performance at high Reynolds num- Tu
bers, the objective function values for both airfoils have been w
calculated at Re2.5x10° and Tu=3 percent. The correspond- X
ing total pressure losses are presented in the lower left diagram in 'y
Fig. 16. The test profile Ccurve Xa)) is characterized by lower B
losses and a wider operating range, which results in an objective A8

function value of 4.18 compared to 4.55 for the low-Re-optimized AB; =

airfoil (curve 2a)). ABst

404 / Vol. 122, JULY 2000

Romenclature

basis for number of random search points

axial velocity density ratio

profile chord, m

objective function coefficients

curvature

diffusion factor

incompressible shape factor

incidence= 8, — B, p ,deg

Mach number

objective function

pressure, Pa

spline points on pressure side

penalty function

radius, m

Reynolds number(w,-c)/v

pitch, blade spacing

spline points on suction side

maximum profile thickness, m

turbulence level

relative velocity, m/s

coordinate in chordwise direction, m

coordinate perpendicular to chordwise direction, m
flow angle with respect to cascade front, deg
flow turning= 8,— 8,, deg

incidence range from negative to positive stall, deg
incidence range from design to positive stall, deg
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81 = boundary layer displacement thickness, m
8, = boundary layer momentum thickness, m
N = profile (meta) angle, deg
AN = profile wedge angle, deg
v = kinematic viscosity, rfis
o = standard deviation
o = total pressure 10ss(pi1— Pr2)/ (Pi1— P1)

Subscripts

1 = inlet plane

2 = outlet plane

80 = inner 80 percent of incidence range
D = design value
LE = leading edge

is = isentropic entity
ref = reference value in objective function

t = total, stagnation value

tr = transition
TE = trailing edge
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1999 Turbomachinery Committee Best Paper Award

Development of Advanced
Compressor Airfoils for
Heavy-Duty Gas Turbines—
semnard kisters' | Part 1l Experimental and
Heinz-Adolf Schreiver | Theoretical Ana|vsis

German Aerospace Center, ] . . L . L
Institute of Propulsion Technology, In Part | of this paper a family of numerically optimized subsonic compressor airfoils for

D-51170 K&, Germany heavy-duty gas turbines, covering a wide range of flow properties, is presented. The
objective of the optimization was to create profiles with a wide low loss incidence range.
Therefore, design point and off-design performance had to be considered in an objective

Ulf Koller function. The special flow conditions in large-scale gas turbines have been taken into
. account by performing the numerical optimization procedure at high Reynolds numbers
Reinhard Monig and high turbulence levels. The objective of Part Il is to examine some of the character-
istics describing the new airfoils, as well as to prove the reliability of the design process
Siemens AG, and the flow solver applied. Therefore, some characteristic members of the new airfoil
Power Generation (KWU), series have been extensively investigated in the cascade wind tunnel of DLR cologne.
D-45466 Miilheim a.d. Ruhr, Germany Experimental and numerical results show profile Mach number distributions, total pres-

sure losses, flow turning, and static pressure rise for the entire incidence range. The
design goal with low losses and especially a wide operating range could be confirmed, as
well as a mild stall behavior. Boundary layer development, particularly near stall condi-
tion, is discussed using surface flow visualization and the results of boundary layer
calculations. An additional experimental study, using liquid crystal coating, provides
necessary information on suction surface boundary-layer transition at high Reynolds
numbers. Finally, results of NavieBtokes simulations are presented that enlighten the
total pressure loss development and flow turning behavior, especially at high incidence in
relation to the results of the design top50889-504X00)02602-7

Introduction loss, or special boundary layer behavior at off-design, can be
Efficiency improvements of axial flow compressors are directl sk;dtfogl T(;“S‘ r:om;e;{er, |nv<()jlves con5|d§_rablhe_ t;]me-constumlng

linked to the aerodynamic quality and the performance charact }‘:’1 e-lo-blade calculations and corresponding high computer per-
mance. Using a fast and robust flow solver, the optimization

istic of the blade elements. Also stable operating conditions ; . |
off-design depend on boundary layer separation behavior and flgwl)getisrzecan nowadays be performed in a reasonable and accept-

turning characteristics of the cascades. Furthermore, a wide | )
loss incidence range of the profiles allows some uncertainty in!" Part | of this papef1], the development of such an auto-
predicting the design point during the preliminary design withodfiated design system is described. This tool was then used to tailor
significant penalty in efficiency and enables a large stall margi® new family of subsonic airfoils suitable for heavy-duty gas tur-
In the past, a variety of numerical blade-to-blade methods halhe€ compressors. Design and optimization considered the specific
been successfully applied for tailoring the blade profiles. Therelpundary conditions of these large compressors, taking into ac-
either direct or inverse methods were applied, both to analyze @unt the effect of the high Reynolds number on boundary layer
define blade contours that satisfy the vector diagrams set by @gvelopment and transition. The profile optimization process
preliminary throughflow design. Both inverse and direct methodBinimized an objective function that aimed for a low loss level in
basically have already been used as automated design tools #edentire operating range, a wide incidence range, and a certain
had been embedded in special numerical optimization algorithisigll margin. The blade-to-blade code used in this optimization
which search, for example, for maximum efficiency at the desigirocess was the Q3D Euler solver MISES from Drela and Youn-
point or maximum loading. gren [2—4] in its direct mode. It is a coupled inviscid/viscous
Substantial improvements apart from the pure design point apteraction method that employs integral boundary layer equations
timization, however, can be achieved only by employment of dfer boundary layer and wake development. Boundary layer tran-
rect solvers, by which off-design performance can be analyzeilion is predicted with the modified criterion of Abu-Ghannam/
and considered in the optimization process. Thereby, special aespraw[5,6].
dynamic features of the cascade, such as flow turning, minimumThe objective of the present work was to validate the design
process and to check whether the design goals like flow turning,
'Now with Siemens AG. loss level, incidence range, and stall margin were achieved. This

Contributed by the International Gas Turbine Institute and presented at the 4ﬁ‘ﬁlolved the validation of the blade-to-blade solver especially at
International Gas Turbine and Aeroengine Congress and Exhibition, Indianapoli . . . !
Indiana, June 7-10, 1999. Manuscript received by the International Gas Turbﬁ%’degg_n operating p0|nt§. Lo . .
Institute February 1999. Paper No. 99-GT-96. Review Chair: D. C. Wisler. For this reason four typical airfoil sections of the new family
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have been tested in a wide range of inlet Mach numbers, inlet flow Table 1 Design parameters of the test cascades
angles and at different AVDR values. Again, the blade-to-blac

solver MISES was used to elucidate the boundary layer behay__C25¢34¢ A B C D
and special features of the aerodynamic characteristics. Additic M1 0.715 0.607 0.556 0.438
ally, a modern Navier—Stokes solver has been applied to one B, 149.4° 142.0° 147.3° 137.0°
the cascades to give further information, especially on differenc ag 10.3° 14.7° 12.8° 18.0°
between experiment and MISES calculation. AVDR : 66 ) (-)5 ; (.)5 0.99
Further emphasis was placed on a critical assessment of ) 0585 0588 0~953 oé74
boundary layer transition model, implemented in the MISES cod ]s); 0303 oo 0953 0874
Therefore, an additional experiment was conducted to determi e S 0% 0% e o

the impact of Reynolds number and turbulence level on the tra
sition process. A validation of the transition model was of specific

interest because at high Reynolds numbers and high turbulence

levels, transition onset moved to the front portion of the blade~ A D
This had an essential impact on the optimized blade pressure ¢

tribution and the corresponding profile geometry.

Description of the Cascades
Design considerations for the optimized cascades focused

high aerodynamic efficiency and a stable wide operating range.
contrast to aeroengine compressors, an increase of blade loac
and a drastic reduction of the number of blade rows is less impc
tant for an industrial large gas turbine.

Therefore, the Mach number level, flow turning, and gap-chor
ratios of the developed profile family are moderate at the design
point. For sample validation of the new profile family, four dif-
ferent cascades have been selected. These cascades are typical
candidates for rotor or stator blade sections of the subsonic part of
a multistage compressgr]. Consequently, the blade design optimization finished with a

After specifying the aerodynamic requirements for each cafprward loaded pressure distribution with a suction surface peak
cade, such as inlet Mach number, inlet flow angle, flow turningelocity near 8—12 percent of chord. This high peak, where the
the AVDR, and gap-chord ratio as well as blade thickness, tih@undary layer is already turbulent, is immediately followed by a
geometry parameters prescribing the single blade shape are @¢atively high diffusion rate, which becomes progressively less
rived using the correlations of the complete profile systenj8iic severe farther downstream. Due to the forward-loaded pressure

The design parameters of the four representative cascadesdis@ibution typical for the whole profile family, all blades have a
listed in Table 1, and Fig. 1 shows the corresponding geometrglatively thick front portion and a low overall camber. Also, the
Due to a moderate aerodynamic loading, with flow turning beslade stagger angles are considerably lower than stagger angles of
tween 10 and 18 deg and gap/chord ratios from 0.89 to 0.95, therresponding CDA blades with more camber in the rear.
diffusion factors show values between 0.39 to 0.42. CascadeA with an inlet Mach number of 0.715, a flow turning

As already described in Part | of this paper, the blades hawe10.3 deg, and 5 percent maximum blade thickness was selected
been designed and optimized at a Reynolds number of 208, to be a typical candidate for a rotor section in one of the forward
which corresponds to the average Reynolds number of the blasenpressor stages. Furthermore, due to its relatively high inlet
elements in the real large gas turbine compre$8@r Further- Mach number, it was of interest to validate the blade-to-blade
more, the turbulence level was set to a relatively high value ebde for supercritical flow conditions which are achieved at high
which laminar-turbulent boundary layer transition on the bladeositive and negative incidence angles. To limit surface Mach
surface occurs mostly in the so-called bypass mi@dleUnder the numbers that exceed sonic velocities, the optimization process
conditions of high turbulence level and high Reynolds numbeiftattened the velocity peak of blade in the front portion. The
transition starts at about 4—8 percent of chord on the blade suctmresponding design Mach number distribution of this cascade is
side and 3—4 percent of chord on the pressure side. Transitjglotted in Fig. 2, left.
onset on the suction side is relatively insensitive to the flow ac- The character of the profile velocity distribution of the cascades

Fig. 1 Test cascades

celeration rate. B, C, andD (Fig. 2), which are designed for lower inlet Mach
A B C D
1.0 T T T T T T T T T T T T
0.8 - - - - .
0.6 N — - n
Mis
0.4 + . - 3 S e 5
0.2 + — - - = — - —
M, =0.715 M, = 0.605 M, =0.55 M, = 0.44
00 | | 1 1 1 1 I 1 | ] i ]
0 0.5 1 0 0.5 1 0 0.5 1 0 0.5 1
Distance along chord, x/c ’
Fig. 2 Experimental and numerical design Mach number distributions of the four test cascades
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Table 2 Experimental and MISES data of the four test cascades at design conditions with Re =0.9-0.7X10°

Cascade A B C D
Experiment MISES Experiment MISES Experiment MISES Experiment MISES
M, 0.715 0.715 0.606 0.607 0.555 0.556 0.441 0.440
Bs 149.5° 149.5° 142.0° 142.0° 147.3° 147.3° 137.0° 137.0°
B2 139.1° 139.2° 127.7° 127.3° 134.4° 134.6° 119.7° 119.3°
AVDR 1.06 1.06 1.05 1.05 1.05 1.05 1.00 0.99
[0 0.0175 0.0161 0.0153 0.0152 0.0164 0.0152 0.0179 0.0155

numbers 0.6, 0.55, and 0.44, is more or less identical, althou@lest Procedure
flow turning and profile thickness differ consideraligee Tables

1 and 2. It is worth mentioning that cascad®, with a blade The four optimized cascades were extensively tested in the

thickness of 9.3 percent of chord and an inlet Mach number g}ransonic Cascade Tunnel of the DLR in Cologne. This tunnel is

S e closed loop, continuously running facility with a variable
Sotllld V;ervgptfg?Iéignf,]orlsnz;gzii?gfhi%ggiggﬂﬁr?];ﬁz ?)??r:zersml)tzzle, an upper transonic wall, and a variable test section height.
stages ' Pie, e air supply system enables an inlet Mach number range from

0.2 to 1.4 and a Mach number independent variation of the Rey-
nolds number from about X 10° to 3x1C°. Tunnel sidewall
boundary layers ahead of the cascade are removed through pro-
truding slots. Tailboards combined with throttles are used to con-
trol inlet and exit boundary conditions and periodicity. Endwall
boundary layers and the axial velocity density ratio, AVDR, are
controlled using a suction system with suction slots located within
the blade pack aft of the minimum pressure regisee Fig. 4.

A cross section and a photograph of the test section are shown
in Figs. 3 and 4. For the present tests, 6 blades with 70 mm chord
and an aspect ratio of 2.4 are installed. Tests were run with a total
pressure of about 1.1 bar and a total temperature of 305 K, giving
a Reynolds number of 0.7 to x110° for the investigated Mach
number range from about 0.4 to 0.85.

The inlet flow angle is measured with probes at the same gap-
wise locations for three consecutive blade channels. Furthermore,
three center blades have been instrumented on the suction side to
control flow periodicity and allow an additional flow angle deter-
mination[10,11]. The test procedure is to vary Mach number at
Fig. 3 Cross section of the DLR Transonic Cascade Tunnel each inlet angle for three different AVDR values. Prior to the
tests, each individual test point has been precalculated using the
blade-to-blade code MISES V2.4. The theoretical profile Mach
number distribution, displayed real time together with the test
data, served as a goal for the experimental distribution while ad-
justing the test conditions. By so doing, measurement accuracy,
especially of the inlet flow angle and AVDR could be improved
considerably. Table 3 provides some estimated uncertainties for
key dependent variables, in which uncertainty is less near the
design flow conditions and increases approaching the stalled flow
conditions.

2SSERNNY

Transonic wall %‘

TR

%

2

Boundary layer
removal

Test and Design Conditions

Before starting the entire test program, numerical blade-to-
blade calculations have been performed to prove the usability of
the experimental results for the assessment of the design. Espe-
cially, it was of interest to know whether the design flow turning,
pressure ratio, and design incidence range, which have been cal-
culated for the high Reynolds number and turbulence level, could
be expected also from the experiments in the cascade wind tunnel.
Fig. 4 Photograph of the test section All calculations for design and optimization were performed at

a Reynolds number of 2:510° and a turbulence level of 3 per-
) o cent, whereas the wind tunnel tests operated at a Reynolds number

Table 3 Estimated uncertainties of 0.7-1.1x 10° and a turbulence level between 0.5 and 1.0 per-
cent. For cascad€, which has been designed for an inlet Mach

Upsti flow angle, +0.2- 0.4 deg. |
p.s ream flow angle, B, g number of 0.55 and a flow turning of 12.8 deg, blade performance
Exit flow angle, B, % 0.2-0.4deg. was calculated in the entire operating range from negative to posi-
Loss coefficient, @ +0.0008 tive stall at both design and test conditions. Results in Fig. 5 show
that the calculated total pressure losses have the same level and
AVDR +0.01 . ; . X . .
that the inlet flow angle range is practically identical. For all in-
408 / Vol. 122, JULY 2000 Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.63. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



0.08

o
>~ (&)
] Re=0.810° Tu=0.5% "; Re=0.8"10° Tu=05% | /|
#0.06f |[------- Re =2.5°10° Tu=3.0% 8 0.008F ... Re=2.5"10° Tu=3.0% &
o c 10
2 £ 00061 2
B 0.041 s |2
D c pre=]
g 5 0.004 E
8 0.02F Q 1¢g
o 20.002 2
o <]
1 ) t g 2 =
0 2 0.000
1S i 5 0.010
g ¢ o
a “w Re=0.810° Tu=05% | |
g » § 0.008F |_.___.. Re=25"10° Tu=8.0% | 7 &
s f £ 18
g 2 0.006 13
=] = 2
[%7] - L
@ = £
5 1.05p @ 0.004}+ 4 E
£ ) 5
'g 8 > gy 3 g
& S 0.002} e ¢
[o} .- ’_ = o
1 N 1 1 1 i . .@ — :: .- 8 E
135 140 145 150 155 160 P P
Inlet flow angle, B, 00 02 04 06 08 1.0

o
o
prd
o

Distance along chord, x/c

Fig. 5 Predicted performance at different Reynolds numbers,

cascade C Fig. 7 Boundary layer thickness at different Reynolds num-

bers, cascade C, M;=0.556, B,=147.3 deg

cidences and especially at design conditigh € 147.3 deg), the formance and the boundary layer thickness at the blade trailing

profile Mach number distributions shown in Fig. 6 are nearl§dge. this is of minor influence. The corresponding development

identical. of the displacement thicknes% , and momentum thickness;,
Also, the static pressure ratio, which directly depends on floas well as the boundary layer form factor is shown in Figs. 7 and

turning and total pressure loss, is identical in the whole operatiBgfor design and test conditions.

range. Marginally higher total pressure losses are normal for low

Reynolds numbers, because at low Reynolds numbers boundary

layers are slightly thicker. Furthermore, at negative incidences the 4.0

pressure side shows a short laminar separation behind the leading T
edge, and at positive incidences the suction side has a small lami- §
nar bubble between 14-20 percent of chord. Both effectsinducea g 3.0
further marginal increase in total pressure loss. Due to the differ- ‘é
ent boundary layer transition behavior at low and high Reynolds 5
numbers, the boundary layer development on the blade front por- L; 2.0
tion is considerably different. However, for the overall blade per- 5 | eelN_ ﬁ__j
0
8 1ot .
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Fig. 8 Boundary layer form factor at different Reynolds num-
bers, cascade C, M;=0.556, B,=147.3 deg

Fig. 6 Isentropic Mach number distribution at different Rey-
nolds numbers, cascade C
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Due to the forward-loaded pressure distribution, transition on Because off-design performance and stall margin were two of
the blade suction side occurs relatively early, either due to bypake essential design goals during the optimization process, the
transition at 7 percent of chord or in a laminar separation bubld&perimental determination of the achievable flow angle range
at 18 percent of chord. Therefore, the essential decelerating partwefs of special interest. In particular, this validation was important
the suction surface is turbulent and boundary layer thickness Isiscause the optimization process provided profiles, which allow
well as the form factors achieve nearly identical values at th@orking ranges that are roughly 30 percent wider than “conven-
trailing edge. Furthermore, even the slightly thicker boundatjonal” controlled diffusion blades designed for the same task.
layer on the suction side for the lower Reynolds number, is corguch a theoretical comparison to a set of existing CDA profiles,
pensated by a somewhat smaller boundary layer thickness on g the four test cascades, is shown in Fig. 11 of the first part of
pressure side. this paper[1]. Happily, the present experiments using the four
optimized test cascades confirmed each of the precalculated work-
L . ing ranges. Figure 9 provides the measured total pressure loss
Validation of Design versus the incidence angle for casca#jeB, C, andD. For each

The test program for each individual cascade covered the cof@scade, the experimental working rarge, is indicated and the
plete precalculated incidence range and a certain Mach numiefresponding design value is given in brackets. The working
variation around design. range hereby is defined in the conventional manner iy

An excellent agreement between experiment and numericalB1max— Bimin: With Bimin and B1max as the flow angles where
analysis using MISES was achieved at the design point for all fothre losses achieve twice of the design point losses 2X wp).
cascades. The experimental profile Mach number distributions exEven cascadeD, with a design working range of 27 deg
actly fit the calculationgFig. 2), and even exit flow angles agreeachieved an experimental range of nearly 25 deg. Also the pos-
within the experimental accuracy. A comparison of the desiggible flow angle increase until stall onsétBs,, at positive inci-
point data is given in Table 2 for wind tunnel flow conditions withdence, could be confirmed. AgaiB; sy iS achieved, when the
Re=0.7—-0.9<10f and a turbulence level 6fu<1 percent. Dif- losses become twice of the design point losses.
ferences are observed only for the total pressure loss coefficientdn addition to the experimental losses, Fig. 9 provides a com-
where the experimental data are slightly higher than the numerigalrison to theoretical losses from MISES with the Reynolds num-

ones. bers and the turbulence level of the wind tunnel tests.
0.08
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Fig. 9 Loss over incidence at design Mach number, experimental and MISES data, Re
=0.9-0.7X10°, Tu=1 percent, experimental and design  (in brackets ) flow angle range

Table 4 Experimental and MISES data of test cascade D at Re=0.7X10° and Tu=1.0 percent

Incidence -16° 0° +99° +11°

Experiment MISES Experiment MISES Experiment MISES Experiment MISES

M, 0.439 0.440 0.440 0.440 0.443 0.440 0.445 0.440

B 121.0° 121.0° 137.0° 137.0° 146.0° 146.0° 148.0° 148.0°

B2 119.5° 118.2° 119.8° 119.3° 123.9° 121.9° 126.3° 124.4°

AVDR 0.99 0.99 1.00 0.99 1.00 0.99 0.99 0.99

® 0.0695 0.0238 0.0179 0.0156 0.0262 0.0207 0.0395 0.0303
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Fig. 10 Experimental and numerical Mach number distributions of test cascade D

Furthermore, representative for all cascades, Fig. 11 shows theng central differences. The turbulence model used for the cal-
dependency of the static pressure ratio and the exit flow angle aulations is the one-equation approach developed by Spalart and
the inlet flow direction for both experiment and theoretical analyAllmaras[14] and modified by Eulit£13].
sis. Noticeable is a gradual increase of the exit flow angle with The simulation was performed with laminar/turbulent boundary
positive incidences and a considerable deviation between expéaiyers on both suction and pressure sides and start of transition
mental and theoretical values of up to 2 deg. This deviation, howas taken from the MISES calculations. Inlet and exit boundaries
ever, becomes less for very high incidences, when a strong bound-
ary layer separation is simulated by the MISES code.

Profile Mach number distributions at off-design are discussed 1367
for cascadeéD, which has a wide incidence range of 25 degs, in

Fig. 10 and the corresponding boundary conditions of the experi- « 134F a
ments and the simulation are provided in Table 4. Overall, the <« [

agreement to the MISES simulation was observed to be excellent % 132k

in the entire working range. Only at an extreme negative inci- § :

dence angle of-16 deg did MISES fail to calculate a severe 2

separation at the pressure side leading edge. That also explains the2 130}

relatively large discrepancy between measured and predicted % -

losses in Fig. @). At positive incidences, the small differences W q28[

result from thicker experimental suction surface boundary layers i

and an increasing flow angle deviation. Overall, the off-design 126l , , \ .
Mach number distributions shown in Fig. 10 are also representa-

tive for the other test cascades. 1.0

ury

-

w
T

Navier—Stokes Analysis

It was of interest to know whether a Navier—Stokes solver
would lead to even better agreement between experiment and
simulation at positive incidences, where differences to the experi-
mental exit flow angle(Fig. 11, top were observed. Also,

[ Measurement
1.051

Static pressure ratio, p,/p,
o

Navier—Stokes results can serve as an additional independent vali- TRACE-U

dation for the flow solver MISES applied during the design pro- & — =B MISES V2.4

cess. [ ‘
Using cascad®, Navier—Stokes analyses have been performed ool e 0 0 o e

on a computational domain extending from0.5c<x,,=<1.9c,
wherex,,=0 corresponds to the blade leading edge. A multiblock
grid with one O-block around the blade and folwblocks was
used with a total of 14,995 nodes. First grid spacing normal to the
blade surface was chosen that yieldedvalues between 2.0 and
3.0 within the boundary layer. The region near the leading edge
has greater values, caused by the very thin boundary layer in this
region. The DLR TRACE-U codgl12,13], which has been devel-
oped to investigate steady and unsteady flow phenomena in tur-
bomachines, has been used to perform the calculations. It allows
multiblock grids and it is possible to perform two- or three-
dimensional, steady or unsteady multistage calculations. Within
the code, various numerical methods are implemented and can e
easily be exchanged. The essential ones used for the present Q3D 0 137 142 147 152
steady-state calculations are as follows: The two-dimensional Inlet flow angle, B,
Reynolds-averaged Navier—Stokes equations are solved for a

compressible ideal gas in conjunction with an eddy viscosifig. 11 Experimental performance data compared to MISES
model. Convective fluxes are discretized using a second-or@gd Navier—Stokes calculations, cascade B, M;=0.607, AVDR
Roe-upwind TVD scheme and the viscous fluxes are discretized.05

o©
o
@

Total pressure loss, ®
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are treated by nonreflecting boundary conditions according & s
Turbulent
At

stream tube thickness distribution from leading edge to trailinf

edge plane has been assumed. Spatial discretization is combiif

with a modified four-stage Runge—Kutta time stepping schem

Implicit residual smoothing and local time stepping are used

accelerate convergence. The code has proven its reliability a

high accuracy in cascade simulation even for highly loaded tragé

sonic flows[16]. ‘
Navier—Stokes calculations have been performed for the entire

incidence range at the design Mach number of 0.607. The toRi. 13 Oil streak lines on the suction side of cascade D, i=

pressure loss, static pressure ratio, and exit flow angle in Fig. £P deg, flow direction from top to bottom

show good agreement between Navier—Stokes solution and ex-

periment. Only the increasing exit flow angle at positive inci-

dences could not be simulated accurately, although deviation to . . . . . .
the experiments is something less in relation to MISES, and especially a mild separation behavior. To discuss this behav-

Even though the Navier—Stokes solver shows better agreemi%t profile Mach number distributions gnd the dgvelopmgnt 9f the
with all experimental data than MISES does, the differences froﬁﬁécnon sun‘allce form rflaCtdﬂ.m Ff_or CESI%E agfj th_lght_posmve m-l
the MISES results are too marginal to justify its use in a desi tedn?e ang esdgre sh_or\:vnhln 'g‘ t I e distri ]9 |gnstalri é:a cu-
optimization process with extensive operating point calculation ec for cascads, which showed a stall margin of abou €9
due to an enormous increase in CPU time. On the other hand, i galltatlvely, these results are also typical for the other test cas-

a useful tool for validation after the design process and provid@gdets' tAtf de3|tgn I(:to ,8|1:1t:’37 d?g) Lhe tfosrgn factortrerfna;]nsd
more information of critical flow conditions in addition to experi-Corls ant from transition location to abou percent ot chord.

mental investigations. Farther downstream, howeve_r, a slight increqse of the form factor
is calculated, caused by an increase of suction surface curvature
; ; and a resulting further deceleration in the rear part. Increasing the
Boundary Layer Separation Behavior incidence angle, the shape of this form factor distribution remains;
Besides a wide inlet flow angle range, onset of boundary layRéwever, the steep increaseléf, successively moves forward,
separation inside the blade rows is of specific interest for opefigntil H,, exceeds a value of 2.5 to 2.8, that is commonly used as
tion of a multistage compressor. The blade design optimizatiencriterion for separation onset. The horizontal dashed line in the
process, described in Part | of this paper, particularly asked folgver part of Fig. 12 indicates separationy € 0) calculated with
wide margin between inlet flow angle at design and near staiISES. It corresponds tél ;5 =3.0+400./Re,, implemented in
(ABstan) - The final optimized blade and cascade geometries of tRSES as the value for a change in boundary layer behavior.
new profile family fortunately showed this wide incidence range Because the steep rise ly5 is more or less concentrated on
the rear part of the profile, boundary layer separation also remains
concentrated on this rear blade portion. During a gradual rise in
incidence from 8, 9, 10 to 11 deg, the separation line on the profile
! very slowly moves forward, but remains downstream of 85 per-
cent of chord. Due to this, separation onset is very weak and no
0.8~ remarkable unsteady effects were observed in the experiment.
Surface flow visualization tests confirmed this observation. At
an incidence angle of-9 deg(see Fig. 1D only little separation
could be seen on the suction side of cascBdelhe oil streak
lines in Fig. 13 additionally visualize a small laminar separation
bubble behind the velocity peak near the leading edge. Further-
more, nearly no secondary flow is observed on the blade surface,
although blade loading with=+9 deg is relatively high. This
underlines the effectiveness of the end-wall boundary layer suc-
tion system.

061

0.4

0.2

Insentropic Mach number, M,

O‘OFIlIIIIIIAllAIIIII

Transition at High Reynolds Number

=i =10°) _ All calcylation_s, using the modified Abu-Ghannam/Shaw crite-

= rion [5] with a high Reynolds number and turbulence level of 3
] percent, showed transition within the accelerated front portion of
the blade(see also results in Fig. 15, Part | of this pgpdihere-
fore, the new high Reynolds number optimized profiles showed
the characteristic front-loaded Mach number distribution. To en-
sure the design, it is of immense interest whether the transition
location is predicted correctly or not. Most available experiments,
either from stationary cascades or from real turbomachine blade
rows, show that laminar flow is dominant on the accelerated part

4.0 Incidence, i = 13°] |i=12°

3.0

2.0

Incompressible Form factor, H,,,

1.0 of the blade surface, even after a wake has passed the blade sur-
face[17]. All these tests, however, have low Reynolds numbers
ool o o o (Re<0.8x 1(f). There are not many data on transition location
00 02 04 06 08 1.0 for the specific conditions, existing in large-scale heavy-duty gas

Distance along chord, x/c turbines, such as high Reynolds numbers and high turbulence lev-

els. One can find high Reynolds number tests for airplanes at low

Fig. 12 Numerical separation behavior of cascade D, includ-  turbulence levels where boundary layers still remain laminar in an
ing MISES separation onset accelerated flow. There is a lack of data especially for favorable
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Fig. 16 Experimental (shaded area) and calculated (solid line )
1 296 suction side transition onset for the profile shown in Fig. 14

0 02 04 06 08 1
Distance along chord, x/c

Increasing the turbulence level to a value of about 3 percent, the
Fig. 14 Calculated adiabatic wall temperature on suction side separation bubble disappears and a line of fully turbulent bound-
and corresponding isentropic Mach number distribution ary layer moves forward to about 30 percent. When raising the
turbulence level at this high Reynolds number, the sensitivity of
the boundary layer to surface roughness increases considerably
pressure gradients, high Reynolds numbers, and higher turbuleppg 20|, as can be seen in the center of Fig. 15. More turbulence
levels, so an additional experiment has been performed to ensyiges become visible downstream of distinct roughness par-
the existence of early transition onset. A test cascade, shownjifles.
Fig. 14, was chosen, with an inlet Mach number of 0.6 and a At about 4 percent turbulence intensity, obviously the bypass
suction side acceleration up to 35 percent of chord. Tests were FgBchanism becomes dominant, and transition moves forward and
with Reynolds numbers from 0.7 to 2¢1.0° and turbulence lev- is observed upstream of 10 percent of chord along the entire blade
els from about 0.7 to 4 percent. Liquid crystal coatings were usefig. 15, righj.
to detect transition by visualizing the difference in adiabatic wall A comparison of the visualized transition location to the pre-
temperature between laminar and turbulent flow which is in thticted onset using the criterion implemented in MISES is
order of 1-2 K for this experiment. A more detailed description afhown in Fig. 16. Overall, the forward movement of transition
this technique is given by Steinert and Starka8]. onset with a rising turbulence level is, at least qualitatively, well
In Fig. 14 the adiabatic wall temperatures of the laminar angtedicted. Some uncertainty remains betwdan=2-4 percent
turbulent boundary layers are shown. The differences in tempetghere surface roughness seems to have an additional influence.
ture of the laminar and turbulent boundary layer is quite small
(1-2 K), which made it necessary to have a very sensitive mixture .
of liquid crystals. Conclusions
At usual wind tunnel test conditions without a turbulence A series of new compressor airfoils has been developed for
screen and a low Reynolds number of about-Ql8°, suction high Reynolds number subsonic axial flow compressor stages in
surface flow along the front portion is laminar and a strong lamheavy-duty gas turbines by making use of a modern optimization
nar separation bubble develops with transition near 40 percentteéghnique. The design objective was a wide low-loss operating
chord. Increasing the Reynolds number to>21@°, laminar flow range and a specific stall margin. The new profiles, which have
in the front remains. Although the laminar separation bubble bbeen optimized for high Reynolds numbers, showed relatively
comes less intensive, transition still occurs inside of the bubkieick leading edges and a front loaded pressure distribution. The
(Fig. 15, lefp. present experimental and theoretical analysis has demonstrated

Tu=0.7% Tu=3.0%

partly transition in
laminar separation bubble

Fig. 15 Suction side transition visualized by liquid crystals, influence of turbulence level at Re =2X10°
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the ability of the design tool and the superior aerodynamic perfor-
mance of the profiles developed. Besides a practically exact veril®!

Gas Turbines,” presented at POWER-GEN Europe, May 16—-18, Amsterdam.
Koller, U., 1999, “Entwicklung einer fortschrittlichen Profilsystematik &ta-
tionae Gasturbinenverdichter,” Dissertation, Ruhr UniveitsBachum, Ger-

fication of the precalculated design point conditions, the design many.
flow angle range and stall margin could be confirmed. To ensurg9] Mayle, E., 1991, “The Role of Laminar—Turbulent Transition in Gas Turbine

the design philosophy, which is based on early boundary layer
transition on the blade surface, an additional basic experiment w.
performed that enlightened the effect of the turbulence level at

Engines,” ASME J. Turbomach113 pp. 509-537.

)] Schreiber, H. A., Starken, H., and Steinert, W., 1993, “Transonic and Super-
sonic Cascades,” AGARDOgraph “Advanced Methods for Cascade Testing,”
Ch. Hirsch, ed., AGARD AG 328, pp. 35-59.

high Reynolds numbers and favorable pressure gradient on trani] Steinert, W., Fuchs, R., and Starken, H., 1992, “Inlet Flow Angle Determina-

sition onset. The experimental results at least qualitatively con-

firmed the transition model used. £12]
Additional analyses of the complete operating range from nega- = anqg viscous Interaction in a Transonic Compressargss Mechanisms and

tive to positive stall using a sophisticated Navier—Stokes flow

tion of Transonic Compressor Cascades,” ASME J. Turbomddhi, No. 3,
pp. 487-493.
Eulitz, F., Engel, K., Pokorny, S., 1996, “Numerical Investigation of Inviscid

Unsteady Flows in Turbomachine8GARD-CP-571, Paper No. 38.

solver did show somewhat better agreement with the experimert3] Eulitz, F., Engel, K., Gebing, H., 1996. “Application of a one-equation eddy-

but an essential advantage in relation to the inviscid/viscous inter-
action method used for this subsonic cascade flow could not be

viscosity model to unsteady turbomachinery flow,” Engineering Turbulence
Modeling and Experiments 3, W. Rodi and G. Bergeles, eds., Elsevier Science
B.V. Amsterdam, pp. 741-751.

proved. The designers, however, are curious to know whether[&] Spalart, P. R., and Allmaras, S. R., 1992, “A One-Equation Turbulence Model
complex method that simulates the real unsteady flow effects in a_ for Aerodynamic Flows,” Paper No. AIAA-92-0439.

turbomachinery environment could alter the design profile pre
sure distribution, which has been optimized under steady flow

conditions.

Nomenclature

AVDR = axial velocity density ratie(p,w, sin 3,)/
(p1wy sinBy)
DF = diffusion factor=1—w, /w;+ (W, /W4 COSB5
—cospBy)s2c
H.54 = incompressible boundary layer form factoy; / d;
M = Mach number
Re = Reynolds numberw;c/v,
T = temperature
Tu = turbulence level
¢ = profile chord length
i = incidence angle 81— B1pesign
p = pressure
s = blade spacing, pitch
t = maximum profile thickness
w = velocity
x = coordinate in chordwise direction
Xa = coordinate in axial direction
ApB = flow turning=B;— B>
AB; = incidence range from negative to positive stall
ABsia = incidence range from design to positive stall
B = flow angle with respect to cascade front
81 = boundary layer displacement thickness
8, = boundary layer momentum thickness
v = kinematic viscosity
p = density
w = total pressure loss coefficien(p.;— pi2)/ (P11 — P1)
Subscripts
1 = inlet plane
2 = exit plane
is = isentropic entity
t = total, stagnation value
w = wall value
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Discussion: “Development of
Advanced Compressor Airfoils for
Heavy-Duty Gas Turbines—

Part Il: Experimental and Theoretical
Analysis” [ASME J. Turbomach.,
122, No. 3, pp. 406414 (2000]*

N. A. Cumpsty
Whittle Laboratory, Cambridge University, Madingley
Road, Cambridge, CB3 0DY, United Kingdom

My first aim in writing this discussion is to compliment the
authors on two excellent papers. | found the results most interest-
ing and the description and approach were a pleasure to read. The
experimental confirmation was as near perfect as one has reason
to hope for; as well as complimenting the authors my remarks also
draw attention to the quality of the MISES code.

| have to admit that | had been skeptical of the benefits of
automated optimization procedures. The results shown here, how-

sign and Optimization,” ASME J. TurbomacH.22, this issue, pp. 397—405. €ver, have arrived at a philosophy for optimum aerodynamic pres-

[2] Drela, M., and Youngren, H., 1991, *Viscous/Inviscid Method for Preliminarysure distribution around the blades for very high Reynolds num-
Design of Transonic Cascades,” AIAA Paper No. 91-2364.

[3] Youngren, H., 1991, “Analysis and Design of Transonic Cascades With Spli

ter Vanes,” GTL Report No. 203, Mar., Cambridge, MA. . .
[4] Drela, M., and Youngren, H. 1996, “A User's Guide to MISES 2.4,” MIT the desirable features of the new blades is so clear, the successful

Computational Aerospace Science Laboratory.

[5] Drela, M., 1995, “Implementation of Modified Abu-Ghannam Shaw Transi

tion Criterion,” MISES User’s Guide, MIT, Cambridge, MA.
[6] Abu-Ghannam, B. J., and Shaw, R., 1980, “Natural transition of boundary

layers—The effects of turbulence, pressure gradient and flow history,” Journal *Kiisters, Bernhard, 2000, “Development of Advanced Compressor Airfoils for

of Mechanical Engineering Scienc22, No. 5, pp. 213-228.
[7] Schulenberg, Th., Zimmermann, H., 1995, “New Blade Design of Siemen®urnal of Turbomachinery, Vol. 122, No. 3, pp. 406—414.
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tber, high free-stream turbulence, and modest inlet Mach number,
which | would not have thought of. Because the explanation for

solution seems in retrospect almost obvious; it clearly was not

‘obvious and the authors are to be congratulated on their method

Heavy-Duty Gas Turbines—Part II: Experimental and Theoretical Analysis,” ASME

Transactions of the ASME
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and their presentation. | am sure that this work will influence theibution on the suction side reacts on boundary layer transition
blade profile shapes used in the future throughout the industrylocation and that early transition encourages a forward movement
Figure 15 in the second paper, showing the surface flow visaf the suction side maximum velocity.
alization, is less clear than the pictures shown at the presentationde clearly recognized from our visualization experiment, which
in Indianapolis, which is a pity. What struck me at the conferends presented in the second part of the paper, that boundary layer
is transition behavior which | had not seen before. As the turbtransition onset likewise depends on the free-stream turbulence
lence level is raised at constant Reynolds number, the transitiewel and surface roughness. This phenomenon has not been stud-
moves forward, but there is an intermediate range, around 3 pexd in detail so far, but we are aware that both the disturbances
cent free-stream turbulence, where the boundary layer turbulemmvnstream of single roughness particles on the shear layer and
starts near the leading edge as isolated wedges, presumably othy-disturbances due to free-stream turbulence seem to interact in
nating with small excrescences on the surface. In other words, thecomplex mechanism. The clarification of this phenomenon,
excrescences alone are not able to produce turbulence in kiwsvever, has not been the objective of the present paper. At this
boundary layer because the local boundary layer Reynolds nutime, first of all, we wanted to supply evidence on upstream
bers is too low, but the interaction of free-stream turbulence pfopagation of transition onset into the accelerated front portion
sufficient strength with the shear layer disturbance from these e{-the blade with increasing free-stream turbuleandincreasing
crescences is able to initiate turbulence in the boundary layer. Reynolds number. Further results and information on this Rey-
Would the authors care to explain why their experiments wermlds number and turbulence influence are discussed in an addi-
carried out at Reynolds numbers of abouf Hdd turbulence of tional paper1].
about 1 percent, whereas the designs were at much higher valueBhe extensive experiments to validate the new profile design
of both parameters? Surely the thrust of the design was thagmd especially the MISES code employed were carried out at Rey-
different transition behavior is expected when the Reynolds numelds numbers around 0:810° for two reasons: First, to limit
ber is higher than is common in aircraft engines and high freenergy consumption and blade loading, the total pressure was kept
stream turbulence is allowed fdiThere is no reason to expect thearound 1.1 bar; second, short blade chord with an acceptable blade
turbulence levels to be significantly different for large land-baseabpect ratio of 2.4 helped to limit endwall and secondary flow
engines or aircraft engingdf transition is going to occur in the effects. Furthermore, no turbulence grids have been installed up-
region of flow acceleration on the suction surface, there is ratream of the test section, to ensure an undisturbed flow field with
benefit in having the peak suction well back on the chord. THemogeneous inlet flow that allows highest measurement accu-
optimum shape for the blades should therefore be different for trecy and periodicity.
conditions of the design and the conditions of the tests. Given thatThe cascade performance results presented in the paper, from
the tests were carried out at Reynolds numbers much lower thHaoth experiment and simulation, show good agreement, although
design, in the range more typical of aircraft engines, and withe tests had been performed at low Reynolds numbers and a low
relatively low free-stream turbulence, what does the agreementtofbulence level and the design calculations were carried out at
measurements with calculations at high Reynolds number and tturbomachinery conditions when Reynolds number and turbulence
bulence intensity tell us? Does it say that at the comparatively Idevel are high. The good agreement between measured low-
inlet Mach numbers used for these blades the exact nature of Beynolds-number data and the calculated loss and flow turning
blade shape and pressure distribution is not very important? Gowejues for higher Reynolds numbers and free-stream turbulence
back to NASA SP-36, Fig. 130 shows how loss is relatively inlevels is based on the low shift in suction side transition location
sensitive to blade profile shape for inlet Mach numbers belofor these specific front-loaded profiles. While the calculated val-
about 0.8. ues show the suction side transition in the first 10 percent of
chord, under the test conditions the velocity distributions of the
airfoils encourage transition to occur a short distance after the
suction side maximum, which is close to 10 percent of the chord
Mat : length. Hence, in both cases, the suction side boundary layer,
Closure to “Discussion of especially in the region of strong adverse pressure gradients, be-

‘Deve|opment of Advanced Compressor haves similarly. This coincidence is responsible for the good ac-
cordance between test and calculation.

Airfoils for Heavy-Duty Gas The answer to the last question is no. If one really looks in

i . . i detail, it has been shown over the years that for subsonic Mach
Turbines—Part II: Experlmental and numbers up to 0.7 or 0.8, the total pressure loss level in the vi-

Theoretical AnalySIS’ " [ASI\/IE cinity of the design point is not essentially dependent on the blade

profile shape; presumably the data are compared for the same
J. Turbomach., 1221 No. 3’ PP. 406414 velocity triangles and cascade solidities. But for higher aerody-
(2000] namic blade loading, and especially at off-design conditions, large

differences are observed because the boundary layer behavior and
resulting losses really depend on the blade and cascade geometry.
Not solely optimizing at design point conditions, but reaching
excellent off-design performance with large stall margin, is the
evantage of the new design approach.

We would like to thank Professor Cumpsty for the encouragi
and interesting comments on our contribution. During the cours
of the work we also have been pleased to see that by applying the
automated design tool, the blade profiles and the blade presspigferences
dlstrlbu'glon followed the prescribed boundary condltlpns and .the[l] Schreiber, H. A, Steinert, W., and Kiers, B., 2000, “Effects of Reynolds
constraints that have been formulated in the objective function.™ Number and Free-Stream Turbulence on Boundary Layer Transition in a Com-
Among other things, it became clear how the blade pressure dis- pressor Cascade,” ASME Paper No. 2000-GT-263.
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The Influence of Technical
Surface Roughness Caused by
Precision Forging on the Flow
Around a Highly Loaded
Compressor Cascade

Robert Leipold
A highly loaded compressor cascade, which features a chord length ten times larger than
Matthias Boese in real turbomachinery, is used to perform an investigation of the influence of technical
surface roughness. The surface structure of a precision forged blade was engraved in two
Leonhard Fottner 0.3-mm-thick sheets of copper with the above-mentioned enlarging factor (Leipold and
Fottner, 1996). To avoid additional effects due to thickening of the blade contour, the
Institut fiir Strahlantriebe, sheets of copper are applied as inlays to the pressure and suction side. At the high-speed
Universitit der Bundeswehr Miinchen, cascade wind tunnel, the profile pressure distribution and the total pressure distribution
D-85577 Neubiberg, Germany at the exit measurement plane were measured for the rough and the smooth blade for a
variation of inlet flow angle and inlet Reynolds number. For some interesting flow con-
ditions, the boundary layer development was investigated with laser-two-focus anemom-
etry and one-dimensional hot-wire anemometry. At low Reynolds numbers and small inlet
angles, a separation bubble is only slightly reduced due to surface roughness. The posi-
tive effect of a reduced separation bubble is overcompensated by a negative influence of
surface roughness on the turbulent boundary layer downstream of the separation bubble.
At high Reynolds numbers, the flow over the rough blade shows a turbulent separation
leading to high total pressure loss coefficients. The laser-two-focus measurements indi-
cate a velocity deficit close to the trailing edge, even at flow conditions where positive
effects due to a reduction of the suction side separation have been expected. The turbu-
lence intensity is reduced close downstream of the separation bubble but increased fur-
ther downstream due to surface roughness. Thus the rear part of the blade but not the
front part reacts sensitively on surface roughng&0889-504X00)01302-7

Introduction laminar sublayer thickness lets some roughness elements protrude

The demand for increased cycle efficiencies leads to increastQEOUQh the sublayer, leading to an increase of the pressure drop

turbine inlet temperatures and to high pressure ratios in mod&%eﬁlcdlent. hFor ”;e rt]h'rd [)elglon, Ithedc_;omplete ?urfﬁce_roughnessf
turbomachines. This trend to high pressures in the high press rrgtru es through the sublayer, leading to no further increase o
NE pressure drop coefficient.

compressor require§ very smooth blade surfaces to keep the %he influence of lateral surface roughness parameters was
file boundary layer in the hydraulically smooth region. Thus, nat nd to be important by Schlichtinig], who varied the density

; d ! u
only in terms of turbomachine performance but also in terms ? . .
roughness elements like hemispheres, cones, and rectangular

cost reduction for the manufacturing process, surface roughnes: iics'e of a plate flow. When increasing the density of roughness
a very interesting field to investigate. P ; 9 Y 9

The influence of surface roughness has been of interest for égments up to a critical value, the drag coefficient increased. A

searchers for almost 100 years. One of the first and best-knov%ther increase of roughness density leads to a decrease in drag

investigations is that of Nikurad$é], who did intensive research coefficient.

- > - ) . . . Even in turbomachines, the influence of surface roughness is
\?vr;ﬁ’s'p?;lsomsé;‘gtuhr:gg?]g?géstgftﬂgfestggﬁgg s?kﬂlri%;z tgiz pr'p%bject of various investigations. Several investigations concern
h ) - : . ) 94 influence of surface roughness on the performance of turbine
where the flow can be divided into three regions. The first regmri compressor rigs. An extensive investigation about the change

fg&gﬁrnﬁ 'i[:em\grko;z I&;”{E:r f;z?'?; atagﬂ rfeall C%arrto[?;r;[gg stsu?: sle% performance of turbine rigs is found in Bammert and Sandstede
influen'ce on the flow. The second region shows an increase of E!:f_s]' They observed a performance degradation and a shift of the

e . D | -
pressure drop coefficient when raising the Reynolds number. cinaracterlstlc to smaller mass flow coefficients for the investigated
the third region the pressure drop coefficient is independent of t

Lgbine rigs that have been covered with sand grains of different
Reynolds number. Nikuradse interpreted these regions with tﬁges. Even for compressor ri¢8,7] an increased performance
relation of surface roughness height to the thickness of the lamina

rgradation was observed for an increased size of sand grains
sublayer. In the first region the surface roughness is complet x:/erlng the compressor blades. A shift to smaller specific vol-
covered by the laminar sublayer, thus no influence of surface

es is observed when increasing the size of adhered sand grains
roughness can be found. In the second region the decrease oftEr?ongowever, for all of these investigations the blades undergo a

ening of the profile contour when the sand grain is adhered to
Commibuted by the Intermational Gas Turbine Insitute and od at th 4the blades. This effect has not been considered for the investiga-
ontripute Yy the Internationa as lurbine Institute and presented al e H H H

International Gas Turbine and Aeroengine Congress and Exhibition, Indianapoﬂfsans described here. Suder et Eﬂ] took this eﬁeqt into account
Indiana, June 7-10, 1999. Manuscript received by the International Gas Turbﬁ‘\@d measured the characteristics of a transonic rotor where the

Institute February 1999. Paper No. 99-GT-366. Review Chair: D. C. Wisler. blades have been covered with a rough and a smooth paint. The
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characteristics indicate that in the subsonic region the thickening
of the blades is not negligible due to a shock system in the blade
passage. When covering only parts of the blade, the front part of
the suction and pressure side is found to react sensibly on apply-
ing surface roughness or thickness.

An investigation of boundary layer development along a rough
turbine blade at a Reynolds number of 8.80° and a Mach num-
ber of 0.14 is given by Bammert and Sandstg2le The measure-
ments inside the boundary layer have been performed with a small
pitot tube. The blade is covered with sand grains of different size, |
causing the laminar to turbulent transition to move upstream when l
increasing the sand grain size. On the pressure surface the location /’: | B2

of transition is almost not affected by surface roughness. But the B 1 e
laminar to turbulent transition is steeper for the rough blades than 1 | |

the adhered sand grains on the laminar to turbulent transition. But
the impulse deficit thickness, even of the laminar boundary layer,
is increased due to surface roughness. For large sand grains cov-
ering the profile surface, a turbulent separation is detected on the
suction side. A study of the performance of a compressor cascade

for the smooth ones. The boundary layer development along vari-
ous compressor cascadd®)] indicates only a small influence of |
Ma

design conditions: NACA 65 K48, 1=180mm

covered with sand grains over varying lengths of surface is shown t/1 = 0.55 Ma, = 0.67
by Saxena et a[.11]. They found that a separation bubble on the dBm"/' - 3‘8255 Rf” = ‘1‘33900
suction side is likely to disappear due to surface roughness. Bs = 112.5° | B, = 96°

In spite of the fact that there are several investigations on the
influence of surface roughness on flow fields, most of the inves-
tigations have been performed on complete rig setups or on cas-
cades covered with sand grain. Thus, there is a need to investigate
the influence of surface roughness caused by modern manufactlBlr-

. R . . . oun
ing methods. This is met by the present investigation.

Fig. 2 NACA 65 K48 cascade

dary Layer Suction
S

Experimental Setup A

High-Speed Cascade Wind Tunnel. The experiments were
carried out in the high speed cascade wind turiré. 1) of the
“Universitat der Bundeswehr Muchen.” This facility operates
continuously in a large pressurized tank. Mach number and Re’
nolds number can be varied independently by setting the compre
sor delivery pressure and the pressure level inside the tank whi 2222238 L

the total temperature is kept constant. The turbulence intensity ' \\\\\\
the test section can be varied by using different turbulence gel \
erators in front of the nozzle. The following data were used ir \\\\\\\

order to monitor the flow conditions of the cascade mainstrear Boundary Layer Suction
flow [12]: the total temperature in the settling chamber, the stati lower Wall

pressure in the tanldownstream conditionsthe static pressure,

and the total pressure of the main stream flow upstream of the Fig. 3 NACA 65 K48 cascade mounted in test section
cascade.

N Inlet Plane

Compressor Cascade. To investigate the influence of surfaceS
roughness on a flow around a compressor cascade, the ché
length should be as large as possible in order to maximize t

tial resolution of the flow phenomena. On the other hand, the
cade should offer a large two-dimensional flow region at mid-
8an. As a compromise the cascade chosen consists of five blades
featuring a chord length of 180 mm. The profile is a 48 deg circle
bow with a superimposed NACA 65 thickness distribution. The
wind-tunnel data ; ot | main geometric parameters and design flow conditions are shown
-acslectiomonr P =1300kW A 024 Mo <105 in Fig. 2. The cascade is mounted in the test section as shown in
e Fig. 3. The measurements concentrate on the center blade of the

- Reynolds number 0.2:10°- 7S Re< 1610 1
air flow rate P =30m' s
- degres of turbulence  04% S T, $75%

welprossrernto M= 214 o angs 29< 155 cascade. To ensure a homogenous inlet flow boundary layer suc-
rotational speed Nee® 6300 min-1 . . . . .
R 0ot 12t - blade height 300 mm } tion is applied to the upper and lower walls. To monitor the main

flow condition, the static inlet pressure, the total inlet pressure,
and the total temperature in the settling chamber are measured.
The local total pressure is measured at the exit measurement
plane. A glass window is mounted to the sidewall of the cascade
to deliver optical access to the center blade for the laser-two-focus
measurements.

Transfer of Surface Roughness to the Airfoil. In order to
simulate technical surface roughness correctly for the enlarged
compressor model blades, a special technique has been developed
[13]. The three-dimensional surface structure of a real blade is
Fig. 1 High-speed cascade wind tunnel measured with a scanning white light interferometer obtaining an
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Fig. 5 Location of measurement planes

In order to determine the isentropic Mach number distribution
over the blade, the center airfoil is equipped with 42 static pres-
sure tappings. To enable a comparison of the isentropic Mach
number distribution between the rough and the smooth half of the
blade, each half is equipped with 8 pressure tappings on the pres-
sure side and 13 pressure tappings on the suction side. The tap-
) ) ] ) pings are located at a distance of 40 mm from midspan. It has
Fig. 4 Three-dimensional topology of applied sheet of copper been ensured by oil-and-dye surface flow patterns that the mea-
surement of profile pressures is not affected by secondary flow
phenomena.

Table 1 Roughness parameters of real blade and applied

sheet of copper Investigation of Profile Boundary Layer. With the laser

two-focus techniquél5] the two-dimensional flow vector can be

Ra Rz Rsk S Sm measured. This nonintrusive technique is able to measure the ve-
real blade 0.70 7.27 -1.28 0.017 0.035 locity and the direction of the flow very close to a wall. Thus, the
transferred 11.15 69.3 047 0.168 0.335 velocities inside the profile boundary layer can be measured. The

surface laser-two-focus technique is based on the principle of a light bar-

rier. The light of a water-cooled argon-ion laser with an output
power of 1.5 W is used to produce two parallel laser beams, which
are focused to a size of @m at a distance of 16@m, building the
ASCII data set that is used to create a bitmap used to controfight barrier for particles made of an aerosol with an average
laser micromachining process. With this process it is possible g@ameter of 0.5um. The back-scattered light of particles passing
engrave with a factor of ten an enlarged copy of the original bladie focal volumes is received by two photodetectors. After ampli-
surface roughness into a sheet of copper. For the present invefigiation and signal processing, the time between the pulses of a
gation the surface of a precision-forged airfoil is used as input fgarticle passing the two foci is used to calculate the velocity with
the laser machining process. Due to problems at the fabricatortife known distance between the two foci. A statistical evaluation
creating an input bitmap out of the ASCII data file, only a qualiis necessary because the two pulses detected by the photodetectors
tative reproduction of the original surface has been achieved. sfe sometimes not of one particle. The flow angle can be detected
scanning white light measurement of the sheet of copper with the rotating the two foci. The measurement planes along the suc-
enlarged surface roughness is displayed in Fig. 4. Some importgbh surface used to investigate the boundary layer development
roughness parameters of the real blades surface and the enlaigidl the laser-two-focus anemometry are displayed in Fig. 5.
and transferred surface are given in Table 1. In order to perfoilRven though the statistical evaluation of velocity and angle are
the measurements at the large-scale compressor cascade, Vit accurate, the evaluation of turbulence is only qualitative. To
sheets of copper are necessary, one for the suction side and gisimize this lack of information the hot wire anemometry is
for the pressure side. Both sheets of copper are adhered to gaed.
center blade where the profile contour is changed to avoid anThe hot-wire anemometry engaged at the HGK is based on the
undesirable thickening of the blade contour. principle of constant temperature. A Wheatstone bridge is com-
pensating the change of temperature of a wire applied to the flow.
Total Pressure Wake Traverse and Static Profile Pressure A change in flow velocities results in a changing thermal conduc-
Measurement Technique. The total pressure loss of an airfoiltion at the wire. To keep the temperature of the wire constant, the
can be estimated when traversing a total pressure probe throegdctrical power has to be controlled. The control of the measure-
the wake caused by the airfoil. When investigating the influeneeent chain and the data acquisition and evaluation is done with
of surface roughness, it is important to isolate the roughness the Dantec streamware system. Different flow conditions require
fluence from other parameters. This has been achieved by the diferent types of probes. The measurement inside the profile
of two total pressure probes, which are traversed simultaneoublyundary layer has been performed with the boundary layer probe
over one pitch behind a blade divided into a rough and a smo@BP15 with a wire diameter of gm.
half. One probe is positioned behind the smooth blade, the other
one behind the rough one. From these probes two pressure difigagylts
ences are recorded: the inlet total pressure versus the total pres-
sure measured by the probe behind the smooth half of the airfoilVariation of Reynolds Number. The influence of the inlet
and the total pressure difference between the two probes. TRisynolds number at the design inlet angle=132 deg and the
setup enables the use of accurate pressure transducers to meaksign inlet Mach number Ma0.67 on the isentropic Mach num-
the total pressure difference between the wake of the smooth drat distribution of the rough and the smooth blade is displayed in
the rough blade. Each probe has a distance of 45 mm from mkg. 6. At the lowest Reynolds number, a laminar separation
span. It has been ensured by previous measurements of the beibble is detected betweeX/L=0.43 andX/L=0.66 for the
ondary flow field with a five-hole proble 4] that neither probe is smooth and the rough blade. There is no reduction of separation
affected by secondary flow phenomena. In order to correct smighgth due to surface roughness. Only the thickness of the laminar
total pressure inhomogeneities, each flow condition has been adparation bubble seems to be reduced indicated by slightly re-
ditionally measured with the center airfoil equipped with smoottluced isentropic Mach numbersXatL = 0.6 for the rough blade.
sheets of copper. The wake traverse results have been corredted rest of the distribution of isentropic Mach number is nearly
with the results of the wake traverse behind the smooth blade.identical for the rough and the smooth blade even on the pressure
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ber IF|g. 7 Influence of Reynolds number on local total pressure

0ss

side. At a design inlet Reynolds number of ;R&50,000, the
laminar separation bubble is reduced compared to the lower infeaiximum of additional total pressure loss increased up to very
Reynolds number. However, there is no difference in the extentloifjh values, indicating high additional losses due to turbulent
the bubble between the smooth and the rough bi@de=0.43 separation on the suction side caused by surface roughness.
andX/L=0.6). A reduction of bubble height is imaginable for the The integral total pressure loss coefficient versus the inlet Rey-
rough blade but not clearly shown by the isentropic Mach numberolds number is displayed in Fig. 8. At an inlet Reynolds number
For a further increase of inlet Reynolds number {R800,000) of Re;=300,000 the total pressure loss coefficients of the smooth
the separation bubble disappears on the rough blade. The isentiid the rough blade are nearly identical. When increasing the inlet
pic Mach number of the smooth blade again indicates a lamin@eynolds number, the total pressure loss coefficient of the rough
separation occurring betweex/L=0.43 andX/L=0.58. At an blade is always higher than that of the smooth blade. Af Re
inlet Reynolds number of Re800,000 no laminar separation is=600,000 a sharp increase of total pressure loss coefficient for the
detected for the smooth and the rough blade. But/at=0.72 a rough blade indicates the beginning of turbulent separation on the
large turbulent separation can be observed for the rough blade thattion side of the rough blade.
does not reattach. Even at the highest inlet Reynolds number ofn order to obtain detailed information about the status of the
Re;=1,000,000 a turbulent separation is shown by the isentrofdoundary layer, laser-two-focus anemometry has been used. Due
Mach number distribution of the rough blade that is slightlyo the fact that this is a very time-consuming technique, only two
shifted upstream t&/L = 0.65. For all inlet Reynolds numbers noinlet Reynolds numbers have been investigatBé,=450,000,
roughness effect on the isentropic Mach number of the press@®@0,000. A further reduction of measurement time has been
side could be observed. achieved by reducing the number of chordwise measurements for
The results of wake traverse with two total pressure probes d&e;=600,000. The results of the laser-two-focus anemometry are
displayed in Fig. 7 for a variation of Reynolds number. The locdhe velocities inside the boundary layer. A spline approximation is
total pressure loss and the local total pressure loss difference bsed to evaluate the boundary layer parameters displayed versus
tween the rough and the smooth blade is shown. Positive valuedttd dimensionless chordwise position in Fig. 9. At R450,000
local total pressure loss difference between the rough and tine boundary layer thicknesses of the smooth and the rough blade
smooth blade mean that there is additional total pressure loss @we identical, whereas at Re600,000 the boundary layer of the
to surface roughness. At the lowest Reynolds numbef Reough blade is always slightly thicker than the boundary layer of
=300,000 a slight additional total pressure loss at the suction sitie smooth blade especially &/L=0.99. The displacement
can be observed, although a reduction of laminar separatitiickness at Re=450,000 confirms that the laminar separation
bubble height in the distribution of isentropic Mach number ibubble is thicker for the smooth blade than for the rough blade
shown in Fig. 6. For higher inlet Reynolds numbers the locd&zoomed out Even at Reg=600,000 the displacement thickness
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0.14 ration bubble likelier. The steep increase Xt =0.99 for the
rough blade is again clearly indicating a beginning turbulent sepa-
ration. The skin friction coefficient at Re450,000 relieves the
above discussion by a sharp decreasé/at=0.48 also indicating

the laminar separation. Very small skin friction coefficients at
X/L=0.99 for the rough blade at both inlet Reynolds numbers
confirm that there is a beginning turbulent separation.

The development of dimensionless root mean square of time-
resolved velocity obtained by hot-wire anemometry is displayed
in Fig. 10 for three inlet Reynolds numbers at the design inlet flow
angle B;=132deg and the design inlet Mach number ;Ma
=0.67. For each Reynolds number the measurements have been
performed at four chordwise positiofSig. 5). The distribution of
Ly Ly turbulence aX/L =0.64 shows higher levels of turbulence for the

800000 1000000  smooth blade at an inlet Reynolds number of R800,000. Fur-
1 ther downstream akK/L=0.76, the turbulence intensity of the
rough blade is only slightly lower than for the smooth blade and at
X/L=0.99 no difference is found between the rough and the
smooth blade. This behavior indicates that the laminar separation
is reduced for the rough blade, leading to lower levels of turbu-

indicates the laminar separation bubble for the smooth blade. O\I/%'Fce' But d_ownstream of the 'ami”?r separation, surface rough-
the rough blade no laminar separation can be detected. The S does increase the turbulence in the bounda_ry layer of.the
pulse deficit thickness shows no difference between the rough 4q49h Plade. The decrease of turbulence short behind the laminar
the smooth blade at Re450,000. At Rg=600,000 the impulse separation and the increase after the separation are of the same
deficit thickness of the rough blade is always slightly higher thagyder resulting in an t_aqual distribution of turbulence at tht_a trailing
that of the smooth blade even close to the trailing edge, indicatif§9e- At the design inlet Reynolds number, Ré50,000 higher

that the higher impulse deficit in the rough boundary layer {§Vels of turbulence can be observed Xt =0.56 andX/L
responsible for the observed higher total pressure loss coefficien)-64 in the boundary layer of the smooth blade. This indicates a
The comparison of shape facto Hndicates the laminar separa-Stronger laminar separation for the smooth blade than fo_r the
tion at Rg=450,000 due to very high values ¥fL=0.48. The rough blade. AtX/L=0.76 the surface roughness causes higher
higher increase of shape factor close to the trailing edge for tiRvels of turbulence only in the vicinity of the wall. Above a wall
rough blade is a hint that turbulent separation is likely to occur. Alistance of 3 mm the degree of turbulence is higher for the smooth
Re,=600,000 the decrease of shape factor from a value of Holade. The turbulence distribution close to the trailing edge shows
=4 down to H,=1.8 for the smooth blade is another indicatohigher turbulence up to the undisturbed flow for the rough blade.
for a laminar separation over the smooth blade. The decreaseFof the highest Reynolds number R&00,000 only, atX/L
shape factor for the rough blade makes a transition without sepa®.56 higher degrees of turbulence can be detected close to the
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Fig. 10 Influence of Reynolds number on distribution of turbulence in boundary layer

wall for the smooth blade. At the three downstream positions, theThe integral total pressure loss coefficient difference versus the
turbulence level in the boundary layer on the rough blade is akhlet flow angle is shown in Fig. 12 for three different Reynolds
ways higher than on the smooth blade. numbers. For the lowest Reynolds number {R&00,000) sur-
The variation of Reynolds number shows an increased influenieéee roughness causes slightly higher lossessfor 129 deg. A
of surface roughness for an increased Reynolds number. TReynolds number of Re=450,000 gives higher loss coefficients
strength of a laminar separation occurring for the smooth blade fi the rough blade. Fg8;= 129 andB,= 132 deg the difference
to a Reynolds number of Re600,000 is decreased by surfaceretween the loss coefficient of the smooth and the rough blade is
roughness. The presence of a laminar separation leads to ther@sirly the same, whereas 65 =140 deg the difference in loss
sumption that the laminar boundary layer is not affected by sugoefficient is higher. This trend can clearly be identified for the
face roughness. The positive effect of decreasing strength oR@ynolds number Re-600,000. This leads to the presumption
laminar separation bubble due to surface roughness is compgit the flow is more sensitive to surface roughness at high inlet
sated by negative effects of surface roughness on the turbulgsiy angles.
boundary layer downstream of the laminar separation. For in-The boundary layer investigated by the laser-two-focus an-
creasing Reynolds numbers even this negative effect is increasiiifometry is illustrated in Fig. 13. In order to reduce measurement
leading to a turbulent separation. time and due to the results of isentropic profile Mach number and
Variation of Inlet Flow Angle. The influence of inlet flow Wake traverse not showing any differences betwgen 129 deg
angle on the isentropic Mach number distribution and the loc&Nd S1=132deg only at, =132 and, =140deg and at Re
total pressure loss at the design inlet Reynolds number Rg450,000, the boundary layer development has been investigated
=450,000 and the design inlet Mach number;M&.67 is shown by means of laser-two-focus anemometry. The boundary layer
in Fig. 11. At negative incidenceg; =129 deg) and zero inci- Parameters for an inlet flow condition R&50,000 andp;
dence 3;= 132 deg) the isentropic Mach number is not affectecf 132 deg have already been discussed above. The boundary layer
by surface roughness. A separation bubble is detected betw#digkness a3, =140 deg is larger than fo8, =132 deg because
X/L=0.4 andX/L=0.65. At positive incidence §;=140deg) ©f a complete turbulent boundary layer at the suction side. The
turbulent separation is detected. The turbulent separation is shiftgtbulent separation a/L=0.7 leads to a thick boundary layer.
slightly upstream for the rough blade. The local total pressure lo8¢ an inlet flow angleg; =132 deg surface roughness does not
and the total pressure loss difference between the rough and ¢hange the thickness of the boundary layer big;at 140 deg the
smooth blade show the same behavior for the inlet flow anglesundary layer of the rough blade is thicker than of the smooth
B1=129 andB;=132deg. Only small additional total pressuréblade. The distribution of displacement thickness shows a steep
losses due to surface roughness are observed. For the highest inlgease aX/L=0.7 because of the turbulent separation. Higher
flow angle 8,=140deg surface roughness causes higher adsialues for the rough blade especially downstreamXf=0.7
tional losses than for the two lower inlet flow angles. Here only imdicate a more distinct turbulent separation for the rough blade.
deceleration is observed on the suction side making a compldtee high gradient of the shape factor indicates a stronger turbulent
turbulent boundary layer possible. separation. Even g8, =132 deg the shape factor shows a steeper
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increase at the trailing edge for the rough blade, indicating the
tendency to turbulent separation for the rough blade. The progres-
sion of skin friction coefficient a8, =140 deg indicates a stron-
ger turbulent separation due to lower values for the rough blade.
Figure 14 shows the root mean square of the time-resolved
velocity measured by the one-dimensional hot wire anemometry
for three inlet flow angles. A stronger laminar separation for the
smooth blade is marked by higher levels of turbulence at the po-
sitions X/L=0.56 andX/L=0.64. Further downstream the sur-
face roughness increases the turbulence intensity, leading to a
compensation of turbulence reduction achieved in the laminar
separation bubble. Even at an inlet flow angle=132 deg the
strength of laminar separation is reduced by surface roughness,
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resulting in lower levels of turbulence. The production of turbu- « The beginning and end of a laminar separation at low inlet
lence after the laminar separation is now higher than the decre&ynolds numbers is not affected by surface roughness. Only at
of turbulence in the laminar separation bubble. Thus, the turbRe =600,000 is the laminar separation completely suppressed by
lence is higher for the rough blade close to the trailing edge. Abughness.
B1=140 deg the position of maximum turbulence is closer to the « The displacement thickness is larger in the region of a lami-
wall for the smooth blade for all positions marking the strongerar separation bubble for the smooth blade. This leads to the
turbulent separation of the boundary layer for the rough blatle assumption that the strength of a laminar separation is reduced by
X/L=0.99 the traverse length has been extended to 20 mm Burface roughness.
stead of 10 mm A significant decrease or increase of turbulence « The positive effect on the laminar separation does not de-
due to surface roughness could not be observed. crease the total pressure loss coefficient for the rough blade be-
The variation of inlet flow angles shows a similar influence ofause the turbulent boundary layer is affected negatively by sur-
surface roughness fg8,=129 andB,=132deg. The reduction face roughness.
of the strength of the laminar separation is compensated by arr At high Reynolds numbers surface roughness causes the tur-
increase of turbulence in the turbulent boundary layer. For an inketilent boundary layer to separate from the blade.
flow angle of B;=140deg an increased influence of surface At negative incidence and at design inlet flow angle the in-
roughness is observed. The reason is a complete turbulent bouhekence of surface roughness on the boundary layer and the total
ary layer at the suction side for the highest inlet flow angle wittpressure losses is similar, but at positive incidence the boundary
out any laminar separation. layer reacts more sensitively to surface roughness.
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anemometry. The important results can be summarized as follows: rf] = skin friction coefficient

= airfoil height, m

« Due to the presence of a laminar separation, even for the H;, = shape factor §,/65,
rough blade, the laminar boundary layer seems not to be affectedl, L = airfoil chord, m
by surface roughness. Ma = Mach number
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p, p; = static pressure, totdktagnatioh pressure, Pa
PS, SS= pressure side, suction side
Ra = arithmetic average deviation from centerlinen
Re = Reynolds number
Rz = ten point height parametegm
Rsk = skewness
S = average spacing between local peaks, mm
Sm = average spacing of peaks over centerline, mm
t = pitch, m
T, = total (stagnatioy temperature, K
Tu = local turbulence intensity, percent
Tus = turbulence intensity related to free-stream velocity,
percent
w = flow velocity, m/s
axial, circumferential, spanwise coordinates, m
lateral coordinates, mm
z = surface heightum
B = circumferential(pitchwise flow angle, deg
Bs = stagger angle, deg
6 = boundary layer thickness, m
displacement thickness, m
8, = momentum thickness, m
o = loss coefficient=(pi1— P/ (Pr1— P1)

Subscripts and Superscripts
1,2 = cascade upstream and downstream conditions

xc
< N
0o

2
i
Il

ax = axial
is = isentropic
u = at local circumferential position
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[1] Nikuradse, J., 1933, “Straungsgesetze in rauhen Rohren,” Beilage zu Fornolds number reaches 80This change occurs above the Rey-

schung auf dem Gebiet des Ingenieurwesens, Forschungsheft 361 Ausga

Band 4.

[2] Schlichting, H., 1936, “Experimentelle Untersuchungen zum Rau?V

higkeitsproblem,” Ingenieur-Archiv 7. Band, 1. Heft.

Y5dids number at which most cascade testing has taken place and

ould have been easy to miss in the past. Furthermore, most
cascade testing has been on smooth blades and the rise in loss

[3] Bammert, K., and Sandstede, H., 1973, “Stungsverluste durch die Ober- with increasing Reynolds number would have been missed even if

flachenrauhigkeit der Schaufeln einer Turbine,” VDI-Berichte, No. 193.

[4] Bammert, K., and Sandstede, H., 1972, “Measurements Concerning the Infl

ihe tests were carried out at Reynolds numbers aboyi(B.

ence of Surface Roughness and Profile Changes on the Performance of GaEOr @ large aircraft engine at cruise, the Reynolds numbers of

Turbines,” ASME Paper No. 72-GT-34.

[5] Bammert, K., and Sandstede, H., 1975, “Influences of Manufacturing Toler>-<
ances and Surface Roughness of Blades on the Performance of Turbines,’

ASME Paper No. 75-GT-35.

the core compressor rotor blades are around atCentry and 2
10° at exit; at take-off the Reynolds numbers are a little over
twice as large. The findings of this paper are therefore of great

[6] Bammert, K., and Woelk, G.-U., 1976, “Der Einflui der Profilrauhigkeit aufpractical relevance to aviation as well as land-based engines and

die Stranungsverluste von Axialverdichtern,” VDI-Berichte No. 264.

[7] Bammert, K., and Woelk, G.-U., 1979, “The Influence of Blading Surface
Roughness on the Aerodynamic Behavior and Characteristic of an Axial Corh

pressor,” ASME Paper No. 79-GT-102.

the authors are to be congratulated on providing us with some
ery useful information and insight.
A two-part paper presented at the same conference as this one

[8] Suder, K. L., Chima, R. V., Strazisar, A. J., and Roberts, W. B., 1995, “Thelrew attention to the importance of free-stream turbulence on the

Effect of Adding Roughness and Thickness to a Transonic Axial Compres:

Rotor,” ASME J. Turbomach.117, pp. 491-505.

[9] Bammert, K., and Sandstede, H., 1980, “Measurements of the Bound

SBoundary layer behavior for bladgs,2]. The present paper gives
Abe range of turbulence level achievable in the tunnel, but not the

Layer Development Along a Turbine Blade With Rough Surfaces,” ASME Jevel used for the tests described. Could the authors provide this

Eng. Power102 No. 4, pp. 978-983.

information?

[10] Bammert, K., and Milsch, R., 1972, “Das Verhalten der Grenzschicht an
rauhen Verdichterschaufeln,” Sonderdruck Forschung im Ingenieurwesen, B.

38 No. 4.

[11] Saxena, V. M., Shirvastava, K. D., and Agrawal, P. K., 1980, “Effect of

Surface Roughness Over the Blade in Compressor Cascadé|) €.

[12] Sturm, W., and Fottner, L., 1985, “The High Speed Cascade Wind Tunnel KReferences
the German Armed Forces University Munich,” 8th Symposium on Measuring [1] Kéller, U. D., Monig, R., Kisters, B., and Schreiber, H.-A., 2000, “Develop-

Techniques for Transonic and Supersonic Flows in Cascades and Turboma-

chines, Genoa.

[13] Leipold, R., and Fottner, L., 1998, “A Measurement Technique to Investigate
the Influence of Surface Roughness on the Flow Around a Highly Loaded
Compressor Cascade,” 14th Symposium on Measuring Techniques in Tran-

sonic and Supersonic Flow in Cascades and Turbomachines, Limerick.

[14] Hubner, J., 1996, “Experimentelle und theoretische Untersuchung der wes-

entlichen EinfluRfaktoren auf die Spalt- und Sekinsttamung in Verdichter-
gittern,” PhD Thesis, Universitader Bundeswehr Machen.
[15] Schodl, R., 1978, “Entwicklung des Laser-Zwei-Fokus-Verfahreirs die

ment of Advanced Compressor Airfoils for Heavy-Duty Gas Turbines: Part
|—Design and Optimization,” ASME J. Turbomacti22 pp. 397-405.

[2] Kusters, B., Schreiber, H.-A., Kler, U. D., and Mamig, R., 2000, “Develop-
ment of Advanced Compressor Airfoils for Heavy-Duty Gas Turbines: Part
Il—Experimental and Theoretical Analysis,” ASME J. Turbomact22, pp.
406-415.

1Leipo|d, R., Boese, M., and Fottner, L., 2000, “The Influence of Technical
Surface Roughness Caused by Precision Forging on the Flow Around a Highly

berthrungslose Messung der Stmangsvektoren, insbesondere in Turbo-Loaded Compressor Cascade,” ASMBURNAL OF TURBOMACHINERY, Vol. 122,

maschinen,” Ph.D. Thesis, Technische Hochschule Aachen.

424 | Vol. 122, JULY 2000

No. 3, pp. 416—-424.

Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.63. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



Closure to “Discussion of ‘The
Influence of Technical

Surface Roughness Caused by
Precision Forging on the Flow Around
a Highly Loaded Compressor
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First of all the authors would like to thank Prof. Cumpsty for
pointing out the relevance of this work. The inlet turbulence level
for the presented results vary with the inlet Reynolds number due
to the use of passive turbulence generators. The inlet turbulence
level was measured with a one-dimensional hot-film sensor, lead-
ing to an inlet turbulence level of Te 2 percent at low Reynolds
numbers and Tu= 3.5 percent at high Reynolds numbers.
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A Correlation for Tip Leakage
m.voeger | Blockage in Compressor Blade
M. Lahmer Passages

M. Dupslaff
. Three-dimensional multistage Naweétokes simulations for compressor components,
G. Fritsch rigs, and cascades have been analyzed to gain insight into the tip leakage blockage
) evolution. From pitch-averaged flow quantities the local displacement caused by tip leak-
DaimlerGhrysler Aerospace, age is determined by means of a novel technique. Close to the throat an additional
MTU Motoren- und Turbinen-Union Munchen displacement of about-# percent axial chord is observed for unchoked flow conditions.
GmbH, Dachauer Strale 665, With tip gap height, stagger, and inlet Mach number as governing variables, a correlation
Miinchen, Germany 80995 for the tip leakage blockage transition function in blade passages is established, which
may be used to improve the predictive capability of S1/S2 compressor aerodesign sys-
tems.[S0889-504X00)00903-X
Introduction tion function correlationis presented that allows us to quantify

For a transonic compressor rotor, the highest efficiency pen %E)roximately the end-wall blockage generated in the passage of a

is observed close to the casing, where a three-dimensional shoc psonic compressor blade.

system interacts with the secondary flow. With the introduction ﬁ? K d

modern three-dimensional Navier—Stokes methods, another v ackgroun

able tool became available to analyze the nature of such complex'he displacement by axially reversed flow originating from tip

flows in detail. The roll-up of a leakage vortex and its interactioleakage vortex/shock interaction was discussed in Fritsch et al.

with the passage shock were found to be the dominant phenomé&@la The transformed rectangular blade passage in Figight)

causing additional blockage and high losses; see Adamczyk etsilows a three-dimensional displacement surface from axially re-

[1] and Copenhaver et a2]. Numerous publications are con-versed flow. The maximum displacement is found in the middle of

cerned with the simulation of this type of flow. Although mostlythe passage, where the shddark line in Fig. 1(right)) intersects

standard turbulence models are used, all relevant phenomenaVeite the leakage vortex. Neglecting departures from rotational

described correctly; see Jennions and Tuf8&r The theoretical Symmetry clearly seen in Fig. (tight), pitch-averaged displace-

findings in general compare well with experimental investigatiorf§ent values are used as input into a throughflow calculation by

employing advanced laser techniques; see, Bg-6]. Hoeger et al[14]. The corresponding blade-to-blade predictions
A thorough analysis of the three-dimensional data leads to &pProduced the tip-gap-dependent increase in inlet flow angle ob-

improved understanding of the physics, which in turn enables tkined in three-dimensional simulation with good accuracy. Since

engineer to describe the complex flow phenomena in an approfien three-dimensional Navier—Stokes simulations of many more

mate manner with lower order models, which may then be used@@mpressors have been analyzed and the results encouraged the

optimize compressor blades methodically. Loss production @#ithors to attempt a correlation.

(subsoni¢ leakage flow, e.g., was best explained by the model of . ) )

Storer and Cumpst7,8], in which the nonviscous mixing of an Multistage Navier—Stokes Simulations

inhomogeneous tip region flow was identified as the most impor- petails of the Navier—Stokes solver TRAGE an explicit cell-
tant mechanism. Chen et §] show the leakage vortex trajectorycentered second-order-accurate finite-volume scheme, are given in
to be independent of tip gap width and to be primarily governegtitsch et al[6]. Its extension to multistage and to parallel archi-
by blade loading and convective phenomena. A wake-like beha¥ctures are found in Fritsch and kies[15].
ior of the vortex core, with the static pressure rise generated by ) )
the shock to influence the vortex behavior as it traverses theGrid Topology and CPU-Time. Block-structured grids are
shock, is assumed in the model of Puterbaugh and Brdn@gl €mployed to obtain high-quality grids and accurate convergent
Khalid et al.[11] present a new methodology for quantifying endsimulations for the complex geometry found in turbomachinery.
wall blockage in compressors. Among other parameters the ledNl simulations utilized a compositel/O-grid with 155<33 nodes
age flow total pressure is demonstrated to have a strong influefiRetheH-grid and 1711 nodes for th®©-grid in the S1 plane of
on end-wall blockage. This may become important for casir{€ rotor; 65 nodes were used in the radial c_ilrectlon_. A simple
treatment consideratioi42], for thick inlet boundary layers, and H-grid with 81x9X11 nodes was used to grid the tip gap. A
for flows where the leakage jet creates a reversed flow regig@mparable resolution in the stator yielded a combined total of
supplying the neighboring passage with low-energy material; s 36,231 nodes. Extensive grid studies, partly documented in
weak part of the tip leakage vortex in Fig.(left). Fritsch et al.[6], were performed to ensure that a comparison
Several authors reported the shock/leakage vortex interactiorPgfween experiment and simulation is not compromised by a lack
the blade passage to be closely linked with the onset of stall, e §f./esolution. Execution time to convergence is approximately 6
[1,4]. However, little information is available on the magnitude o U-hours on a SGI-Power Challenge using three R-8K proces-
the local displacement or blockage generated at the outer casivigS With multigrid active for a single stage.
see e.g., Khalid13]. In this paper, dip leakage blockage transi-  Tyrpulence Model. For economy a high Reynoldk—e

model, resulting in a mean wall distanceyof= 25 for rotor blade

Contributed by the International Gas Turbine Institute and presented at the 4 i +_ . :
International Gas Turbine and Aeroengine Congress and Exhibition, Indianalpod’fljfshd casing ang 75 for the hub, was used; stator resolution

Indiana, June 7-10, 1999. Manuscript received by the International Gas Turb}‘A’éh"S comparable with the exception of the casing, where the wall

Institute February 1999. Paper No. 99-GT-388. Review Chair: D. C. Wisler. distance was increased §0"=75. Wall distance for operating
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“.shock suction surface

‘weak
rotation 1 , Ma,
[ location __blade tip

\i‘a'

‘strong
part’

displacement
by axially
reversed flow

% tangential
0.4 direction

axial location

Fig. 1 Three-dimensional Navier-Stokes simulation of the tip leakage vortex for the TU-Darmstadt transonic com-
pressor rig: strong and weak parts of the tip leakage vortex (left) and the resulting displacement by axial flow reversal
(right ); see [14]

points away from peak efficiency varies with the flow state. Alith pw,,(r) as local pitch-averaged mass flow and the subscript
simulations were run fully turbulent with wall functions applied td* €” to indicate the edge of the boundary layer.
accurately represent the wall shear. The inlet boundary layer displacement streamline may be un-
All simulations used a turbulence level of 4 percent at the ederstood as the locus of displacement of the inlet boundary layer
trance to the first blade passage. In subsequent blade passagegrtifée undergoing convective changes in a nonviscous flow with
mixing plane approach hands down the turbulence level from thempression shocks and reversed flow regions included, but with-
upstream blade row. out axial forces from work input and viscous entrainment into the
boundary layer.
Evaluation of the Displacement Thickness in Nonisoen-  The total displacement streamline is based on a boundary layer
ergetic Flow approach, i.e., the assumption that for sufficiently high Reynolds
numbers the flow at the end-wall may be split into a thin viscous
Meridional Average. The complex multiblock grid topology layer, which displaces a main flow. The evaluationsd{x) due
for a rotor passagésee [6]), is interpolated onto a standardto Eq.(2) was performed in two wayga) with the upper bound-
H-grid. The conservative variables are flux-averaged for each gy r, at a relative maximum ipw,,, and (b) for a fixed wall
dial plane to obtain theblade to blade pitch-average flow. distance of about 40 percent passage height; see dashed lines in
Hereby the flow inside the tip gap is not taken into account.  Fig. 2. At the rotor inlet no relative maximum jsw,, was found
The end-wall blockage phenomenon is discussed in terms of tg,qzd integratior(b) was used to determin& throughout.
displacement thickness at the outer casing normalized by the axial
chord. The results for the displacement thickness may be trans-
formed into nondimensional blockage values approximately bv

the simple algebraic operation displ. by axially reversed  reversed flow limiting
flow &"ar line wy,=0
blkeas=Ap /A= (5%1Cay) - AB-(Cay/A). (2) \ \
In Eq. (1) A, andA are the blocked and the open area normal tc N ' il

the x axis andA# is the circumferential distance between the = tip

blades at a representative radial position close to the tip. In tt
following the two terms “blockage” and ‘“displacement” are
used interchangably. A precise evaluation of the blockage i
three-dimensional flow requires a two-dimensional integratior
see[13].

End-Wall Boundary Layer Integration. From pitch-
averaged results, four characteristic lines may be distinguished

inlet b.1. displ.
streamline 8"s

displ. thickness 8"
eq. (2), integration

RADIAL POSITION
(r- rcas)/cax

the meridional plane; see Fig. 2: (2) and (b)
1 the axially reversed flow limiting line (w,,=0) with a 2
maximum at the intersection of the shock and the vortex,
2 the displacement by axially reversed flogfar from the rotor ;
leakage vortex; see Hoeger et 4], blade }
3 theinlet boundary layer displacement streamlifigs, enter- 0.16 i
ing the blade passage in a wall distancespf, 05 0 0.5 1 15
4 and thetotal displacement thicknes®
AXIAL POSITION x/cax
fe PWax(T)
5*:—f (1— )dr (2) Fig. 2 Average displacement by leakage in the meridional
Icas (PWax)e plane (operating point close to stall )
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Displacement Model. For boundary layer profiles in the re-distance. The difference betweéfis and §* at the trailing edge
versed flow region, a relative maximumyv, is found; see Fig. may then be used to evaluate the displacement thickflessthe
3, and it is not clear how to define the boundary layer edge fofade passage, see Fig(lbttom), by:
nonisoenergetic main flow. Some improvement in defining the
upper integration boundary was reported in Khilid], by apply- % (X)= 8" S(X) + (8" — 5"8)- X/ Cax 3)
ing a velocity gradient criterion for locations at the blade in- andonsidering the departure @fLs from a linear increase between

outlet. Inside the blade passage at about 30 percent chord, iffieand outlet, Eq(3) may be recast in the form:
actual displacement thickness may be expected to fall between the

results of the two integration types) and (b); see Fig. 2. Here 8* (X)= 87 + A 5*s(X)+ (85 — 67) - X/ Cay (3b)

radial total pressure gradients from work input and compressigfe problem of describing the end-wall boundary layer displace-
shocks cannot be separated from the pure viscous changes. DowBnt in a nonisoenergetic flow is then split in a total displacement
stream the shock region, below 75 percent chord both definitiopg.rease and aadditional displacementrom tip leakage. With

converged for almost all cases investigated and the curve from ]I:q& (3b) we may writeA 6* s~ A 6*. The additional displacement
streamline integratiod* s and those foi* are found to be simi- 5*s is obt

Fig. 4 (top). An approximately linear increase it s was found
for blades without tip gap.

Although the departurd&* from a linear increase is a some-
what crude measure for operating points for which the leakage

a b vortex is situated close to the blade inlet or exit pldo®se to

1. —_r stall or near chokethis additional displacement creates diffusion
in the rear part of the blade passage and is effective in describing
the loading increase induced by the tip leakage vortex.

0.5 + .
Analysis

0 K Approach. Important parameters driving tip leakage flow are
known to be tip gap height, inlet Mach number, profile section
Mach number type, blade geometry, inlet boundary layer thick-
05 ness and leakage jet total pressure; see Khalid ¢id). In the

following the tip gap height, inlet Mach number, stagger angle,

AXIAL VELOCITY
Wax/Wax,e

0 0.5 1 1.5 and a diffusion factor DR as loading parameter
RADIAL POSITION (rcas-r)/cax DR=1— (W, /w;)+Aw,/(2w,)- (s/c) @
Fig. 3 Typical velocity profile in the reversed flow region with Aw,=|w; cog B1) —W, cog3,)|

a relative maximum in - w. . . - .
ax are used to establish a correlation for the additional displacement

by tip leakage flow, i.e., the deviation of the displacement thick-

ness from a linear increase between rotor in- and outlet plane; see

i Eq. (3b) and Fig. 4(top). The correlation is based on a maximum
valueA &%, which controls a universal functional dependency, the

[+]

(z) add. displ. thickness A . tip leakage blockage or tip leakage displacement transition func-
E X A8"s inlet b.l. displ.  tion. The correlation is established by introducing influence func-
g L TG -/ streamline &'s tions, which are used to correct the individual results Aof?, .
Lo 0051\ A/ TTttee.l ]/ The influence functions are deduced either directly from the cal-
g 2 culations(for the tip gap width or by assuming functional depen-
o= denciesMach number and staggewith constants to be adapted

§ to achieve a correlation for the additional displacement thickness

as a function of the loading parameter.

91 Influence Functions.

Tip Gap Width. Rotor results forA &} as well as those of
predictions for a stator cascad@ormalized by the rotor values
for 1 percent gapare given in Fig. 5. A small additional displace-

approximate

disol. thick inlet b.l. displ.  ment found for zero clearance is neglected and a linear depen-
= Ispl. t ;; rgis) streamline s dency on gap/chord ratitirue chord is assumed:
-0.05 | ' |

A& ~Fh=(h/c)/0.01 (5)

Stagger. With the assumption of a nonviscous leakage flow
; [7], Bernoulli’'s equation may be applied to the flow at the tip gap.
i This assumption results in a leakage flow velocity equal to the
inlet velocityw,~w;, . For low velocities at the pressure surface,

RADIAL POSITION
(r-rcas)/cax

04 ‘ the leakage jet is roughly normal to the blade chord. Figure 6
05 0 05 1 15 shows the average leakage flow vector, the circumferential com-
AXIAL POSITION X/cax ponent of which does not contribute to mass transport. The com-
Fig. 4 Displacement definitions within the blade passage at nvestigations were performed as part of a diploma thesis by A. Burgan, Univ.
the outer casing Valenciennes/MTU-DASA.
428 | Vol. 122, JULY 2000 Transactions of the ASME
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TIP GAP FUNCTION Fh[-]
CORR MACH NUMBER

MACH NUMBER FUNCTION Fm
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0.5 '

Fig. 5 Tip gap influence function  Fh REL INLET MACH NUMBER

rotation *

Fig. 8 Corrected preshock Mach number and normal shock
pressure ratio

Mach Number. The blockage and loading parameter intro-
duced by Khalid[13] was found to contain a Mach number de-
pendence in an indirect manner; see predictions of Sudgifor

) NASA rotor 37. Puterbaugh and Brend&0] identified the shock-
wisin (Bs) induced pressure rise as one of the prime variable for the local
blockage. Similar to two-dimensional profile losses, the additional
wicos ([Bs) B displacement generated by the shock/vortex interaction is sup-
W= W, s posed to be linked with the pressure ratio of a normal shock with
a relative inlet Mach number Ma.

A&E~Fm=(1+2«/(k+1)-(Mad,—1))cs 7)

with the constant;=1 to fit best for the correlation presented in
the next section. For Mach numbers close to unity a correction is
Fig. 6 Average tip leakage flow vector at the blade tip applied; see Fig. 8 and Schreild7]:

Ma, .= max Ma, ;0.8) + 0.2/max1;Ma}). (7b)

Bs

n

Reference Conditions. With the aid of Eqs.(5)—(7) all re-
sults are corrected for the reference conditions of a rotor with
Ma;=0.8, i.e., no shock losses, a stagger angle of 56.6 deg, and a
tip gap of 1 percent chor¢at these conditions we haveb=1,
Fh=1,Fm=1) by
ASt

m,corr

_.A
&)

Y
1

—AS8*/(FbFhFm) 8)

with the constants in Eq€6) and (7) determined iteratively to
establish a correlation foA &y, .., as a function of the loading
parameter. Although based on reasonable assumptions, this proce-
dure is only justified by the correlation itself. Neither the Mach
number nor the stagger dependence is based on a proven
relationship.

STAGGER FUNCTION Fb [-]
(o)
o

(]

20 30 40 50 60 70

STAGGER ANGLE de . - . .
Bs [deg] Maximum Additional Displacement Correlation
Fig. 7 Stagger angle influence function ~ Fb Rotors. Simulations have been performed for a total of 15
rotors and two stator configurations. The design rotor parameters
covered a range of stage number 1 to 4 with stagger afgle

~=47.4 t0 66.2 deg, inlet Mach number Ma0.81 to 1.61, diffu-

ponentw; sin(Bs), directed axially upstream, reduces the overe:%). n factors DR-0 28 to 0.65. relative clearantéc=0.1 to 1.76
mass transport and increases the displacement at the casing. aﬁg inlet boundar- la er.thiclkneﬁlc —2t014 e.rcent o
the axial componentv, cos(3s) of the main flow directed oppo- ylay ax P ’

site, the influence of the stagger angle & may be described  Stators. A strong influence of the stagger on leakage flow
by a functional dependency; see Fig. 7, of the type behavior was already indicated in Fig. 5. In addition, radial mi-
% Ehetan gration of low-energy fluid due to spanwise pressure gradients and
Adm~Fb=tg'(Bs)ci+Cz. ) due to rotation may have a significant influence on block-age gen-
Best correlation was achievedee following chapterwith the eration in highly loaded transonic rotors. For the stator cascade, as
constants in Eq(6) chosen to ben=2, c;=1.5 andc,=0.35. well as for a cantilevered statgnot presented herethe addi-
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1 0.06

choked

"5~ operation

08+ \ o
\\ n ‘]

mid-
loading

- A6*con/ Cax
= pres. correlation
eq. (9)

0.04 +

0.02 -

TRANSITION FUNCTION

CORR. ADD. DISPLACEMENT

-0.02

RA.. AXIAL LOCATION x/cax

LOCATION OF MAX ADD. DISPLACEMENT
THICKNESS x(A8*m)/cax [%]

loading Fig. 11 Transition function for the corrected additional dis-
placement thickness A 6* S (X/C4x)

0

0.2 0.3 0.4 0.5 0.6 0.7
LOADING PARAMETER DR

k-

percent by an average value iy, .,./Cax=1.5 percent for all

Fig. 9 Location x/c, of the maximum additional displacement loading levels. A maximum of S, cord Cax= 2 percent IS not ex-
thickness from tip leakage ceeded. Higher values are found only for an untypical rotor de-
sign, with an artificially increased pre-shock Mach number.

Displacement or Blockage Transition Function. With the
tional displacement thickness was found to be one order smalleriid of the maximum displacement correlation, E8j, the varia-
magnitude than for the rotors. Only rotor results will therefore bigon of the additional displacement thickness within the blade pas-
presented on the following pages. sage may be corrected. The resulting curves in Fig. 11 show a

In Fig. 9, a strong dependence of the location of the displaceemmon trend, but the influences of the type of blade section
ment maximum on the loading is only found close to chokedesign and operating condition is still visible. A good estimate for
conditions, while in the remaining operation range the maximuthe transition function is:
is located between 55 and 35 percent chord.

A broad scatter for the original data reflects the influence of the (A&* (X)/A 6 cor= (COIX/Cay €4 — 1) ) + 1) /2. 9)
different rotor designs, Fig. 1Qight). When corrected with the
influence functions due to Ed8), the results for the corrected
additional displacement thicknesssy, ., fall on a small band
and a weak correlation is obtained, Fig. {6ft). Beginning at
choked flow conditions\ &7, ., rises rapidly, see broken line in
Fig. 10 (left), and is nearly independent of the loading at desig
conditions and close to stall. An opposite behavior was observe
by Khalid et al.[11] for the total blockage increase, with his Stall Inception. The correlation given above indicates for the
blockage parameter to grow rapidly when a critical value of thadditional displacement generated by the leakage vortex an ap-
loading parameter is approached. Neglecting values at chokmdximately constant maximum value with only little dependency
flow conditions, all data may be approximated by an errat-86 on the blade loading. It can be seen for the TU-Darmstadt tran-

sonic rotor in Fig. 12top), that the displacement thickness at the
rotor inlet first remains unchanged although the displacement at
5 5 the throat increases with loading, while for higher loading levels a
% inar linear dependency is observed. For geometric details on the rotor
= rogulr opertion . st see Fritsch et a[6]. The opposite behavior is found for the addi-
0 choked tional displacemen &%, which first increases with blade loading
" and then keeps constant; see Fig.(lk@ttom). This behavior in-
dicates that with sufficient blockage generated by the vortex/shock
interaction, a deceleration of the flow already in front of the
blocked region occurs. Hereby the streamlines are shifted inward
. n from the casing and the displacement thickness now increases
= already in front of the rotor. Close to the throat, the additional
displacement by the leakage vortex and the diffusion generated by
. o L] it is allowed to remain constant or even decreases with blade
. 7/ loading - loading until stall is reached.
g In accordance with these findings, Bross ef 8] for an axial
' o choked . . e . .
o 5 pump with _hlgh_ stagger observed the position of a separation I|r_1e
68 b3 04 05 ©F 07 02 03 o4 o5 os o7 onthe casing firstto travel upstream gradually with loading until
LOADING PARAMETER DR LOADING PARAMETER DR it is found in a short distance upstream the rotor inlet plane. At
stall the separation line was shifted to a location several axial
Fig. 10 Maximum additional displacement A&*s in percent  chords upstream the rotor. Applying the stall criterion suggested
Cax . (right) original data; (left) correlation in Eq. (8) by Smith[19] we find a displacement thickness critical for stall at

Within the two operation limits “close to stall” and “close to
choke” average values @& &}, .,,=0.015 ancc,=0.85 are found

to fit best. The type of loading distribution, which represents a
basic design decision, may be taken into account more accurately
by specifyingc,=0.7 andc,= 1.1 for designs with front loading

[jfor those “close to choke,” respectively.

IS
IS

Type of Mach number
distribution: front-
loading

w
@
]

[N

N
\
3
o

THICKNESS As*m/cax [%]

THICKNESS A§*m,corr/cax [%]

MAX. ADDITIONAL DISPLACEMENT
=]

CORR. MAX. ADDITIONAL DISPLACEMENT
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0.15 Improved Blockage Model. End-wall boundary layer predic-
tions were performed with the pressure distribution from an S2-

. design calculation as input and the displacement thickness at the
’ trailing edge prescribe@n an iterative manngr Although some-
0.1 + nl what too low values are found in front of the rotor compared to
the three-dimensional results, the total increase in displacement
between in- and outlet is predicted with good accuracy, Fig. 13,
but inside the blade passage the boundary layer method underes-
0.05 + timates the results of the three-dimensional Navier—Stokes simu-
/ lations by far.
o e An improved prediction is obtained by combining the displace-
ment thickness predicted by the boundary layer code at the rotor
0 in- and outlet stations with the present correlation, @h). From
Eq. (9) the universal transition function is obtained for the addi-
0.1 tional displacement thickness. The actual values for an individual
blade are then calculated, applying the influence functions due to
Eq. (8). With the present approach the predictions from the
boundary layer method are improved by up to 100 percent within
the blade passage and the modified results are in closer agreement

0.05 TE N
/ - with the Navier—Stokes result in Fig. 13.

o Conclusions

Simulations are performed with a steady three-dimensional
0 0.05 01 0.15 02 multistage Navier—Stokes code TRACEfor several transonic
DISPLACEMVENT THICKNESS compressor rotors. From pitch-averaged results, the displacement
* at the casing generated by the tip leakage vortex is evaluated by a
AT THE THROAT §"thr/Cax new technique. The problem in defining an end-wall boundary
Fig. 12 Displacement thickness  &*,/c . at the rotor inlet (top) layer dls.placement th|Cknes.S inside the blade passage IS split into
and additional displacement thickness A é&*,,/c,, (bottom ) as a a total .Imear displacement Increase bgtween rotor in- and Ol’.'tlet
function of the displacement thickness at the throat; TU- approximately fou_nd for zero tip gap V\_”dth and_an additional d_'s'
Darmstadt compressor rig placement from tip leakage flow. A linear variation of the dis-
placement thickness due to viscous entrainment and work input
with the axial distance is assumed. The additional displacement in

, * ) . ) the blade passage may now be evaluated even in nonisoenergetic
the rotor inlet ofs7 /c,,=0.181. Actually the simulation yielded a fjq,y by a streamline integration.

value of 0.1 at stall, which may be explained by the higher block- Theresults reveal a region with axially reversed flow induced
age generated from shock/vortex interaction. by the leakage vortex, generating an additional displacement or
blockage. Based on stagger angle, inlet Mach number, clearance
Application height, and the diffusion factor as loading parameter, a correlation
for the additional displacement by tip leakage flow is established.
Meridional Flowpath Boundary Layer Method. The end- For unchoked operation and the reference conditions of a rotor
wall boundary layer method of Hirsdisee[20]), is used to dem- wjth a stagger angle of 56.6 deg, 1 percent chord tip gap width
onstrate the present approach. Pitch-averaged, boundary layfl zero shock strength, a maximum additional displacement of
equations with blade force defect terms are solved. The variatighout 1.5 percent axial chord is predicted with only a weak de-
of the blade loading in the boundary layer, the pressure gradiepéndence on the loading parameter. A transition function of sinus
and secondary flow effects are taken into accqaat. shape is found to fit best with the average data.
Starting at choked conditions, the additional displacement from
tip leakage flow increases with loading and the location of its

INLET B.L. DISPL
THICKNESS §*1/cax

MAX. ADD. DISPL
THICKNESS A8*m/cax

. 0.2 maximum travels upstream until the throat area is decreased. Now
streamlines are forced to travel radially inward from the casing in
b T -~ bl method (Hirsch) front of the rotor. A downstream influence stems from the fact that
o S - i the additional displacement creates diffusion and thereby in-
R~ pres. correlation. creases the blockage at the rotor exit plane. Close to stall, a further
a P 3DNS simutation increase in loading is demonstrated mainly to increase displace-
5! m ment and deceleration in front of the rotor, while the additional
o0& displacement in the blade passage is allowed to remain approxi-
% z mately constant.
< O
Oz
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Nomenclature

C, Cax chord, axial chord
Fm, Fb, Fh = influence functions, Eq$5)—(7)
h = tip gap width
s = spacing
Ma; = inlet Mach numbe(relative frame
DR = diffusion factor, Eq.(4)
X, r, @ = cylindrical coordinates
w = velocity (relative frame
s*ar = displacement from axial flow reversal
& = displacement thickness, E(®)
&*s = displacement by inlet casing b.l. streamline
As* = additional displ. by tip leakage flow, E¢Bb)
Bs = stagger angle, deg
Subscripts
1, 2 = rotor in- and outlet plane
corr corrected for a reference rotor, E@)

cas = location at the outer casing
tl = tip leakage flow
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Variations in Upstream Vane
Loading With Changes in Back
Pressure in a Transonic
Compressor

Dynamic loading of an inlet guide vane (IGV) in a transonic compressor is characterized
by unsteady IGV surface pressures. These pressure data were acquired for two spanwise

locations at a 105 percent speed operating condition, which produces supersonic relative
Mach numbers over the majority of the rotor blade span. The back pressure of the
compressor was varied to determine the effects from such changes. Strong bow shock
interaction was evident in both experimental and computational results. Variations in the
back pressure have significant influence on the magnitude and phase of the upstream
pressure fluctuations. The largest unsteady surface pressure magnitude, 40 kPa, was
obtained for the near-stall mass flow condition at 75 percent span and 95 percent chord.
Radial variation effects caused by the spanwise variation in relative Mach number were
measured. Comparisons to a two-dimensional nonlinear unsteady blade/vane Navier
Stokes analysis show good agreement for the 50 percent span results in terms of IGV
unsteady surface pressure. The results of the study indicate that significant nonlinear bow
shock influences exist on the IGV trailing edge due to the downstream rotor shock system.
[S0889-504X%00)00303-2
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unsteady aerodynamic excitations, which can initiate blade vibra-
:E?i?ns, generate discrete-tone noise, and degrade aerodynamic

Introduction

Gas turbine engines are a vital energy source for both indust
and military applications. Recent research has focused on ide
fying the flow mechanisms that produce high cycle fatiGd€F)

ficiency.
Some experimental investigations for compression systems

failures in these engines. There is a need for an improved undBfve been made into vane/blade interactions. For compressors,
standing of the flow physics that drive failures in engine compdlitial research was accomplished using low-speed [jor an-
nents. This greater understanding will lead to the ability of manfular cascades3]. The low speed and large scale of these experi-
facturers to achieve higher levels of performance and, in genef@ental rigs simplifies the measurements, but transonic flow phe-
a more efficient and reliable system. There are continually if°Mena, i.e., shock interaction, cannot be modeled. Recently,
creasing demands on gas turbine engines for greater durabillijgh-speed axial compressor research has been initiated. These
reduced noise levels, reduced size, and greater thrust. Durabifdgilities are beneficial for testing actual hardware components
has become a major parameter in component design. Design‘i’wgﬁ research |SS.UES including mlnlatgre measurement techniques
compression system components resistant to HCF failure is cridd data reduction methods. In particular, Johnston and Fleeter
cal to capitalize on technology improvements. A considerable pd#—6] have used a transonic compressor facility to investigate ro-
tion of recent research involves the unsteady interaction betwe@hwake phenomena, IGV/rotor potential fields, and rotor surface
adjacent blade rows, which drives HCF in both the compresspfessures using pressure sensitive paints. These research studies
and turbine sections. have provided an important initial step toward understanding the
The two principal types of blade row interaction are usuallpasic physics of the unsteady aerodynamic flow interactions in a
referred to as potential flow and wake interactiph Potential compression system, but additional research is required.
flow interaction results from the variations in the velocity poten- The objective of this research is to investigate and quantify the
tial or pressure fields associated with the blades of a neighborifwppdamental vane/blade interaction phenomena relevant to the up-
row and their effect upon the blades of a given row moving atgtiream bow shock forcing function of a downstream rotor in a
different rotational speed. This type of interaction is of seriousansonic compression system. This is accomplished by perform-
concern when the axial spacing between adjacent blade rowsng a series of experiments in the Compressor Aero Research Lab
small or the flow Mach number is high. Wake interaction is thé€CARL), a high-speed, highly loaded compressor facility. IGV
effect upon the flow through a downstream blade row of the vognsteady surface pressures are experimentally determined for dif-
tical and entropic wakes shed by one or more upstream rows. ferent back pressures for a transonic operating point. In addition, a
Recently, computational work has been initiated to develafonlinear, unsteady, fully viscous multiblade row computational
nonlinear, time-accurate, invisciEulen and viscous(Navier— fluid dynamics(CFD) analysis is compared with the experimental
Stokeg solution techniques for unsteady flows through isolategata. The CFD code utilized is entitled Vane/Blade Interaction
and aerodynamically coupled blade roveze Verdon1] for a (vBI), which solves the full Navier—Stokes equations through the
review). For coupled systems of rotating and stationary bladgse of a Runge—Kutta scheme along with the Baldwin—Lomax
rows, the relative motions between adjacent rows give rise ffodel for turbulencé7]. The study presented here will sho@@)
Bow shock influences from a downstream transonic stage are sig-
Contributed by the International Gas Turbine Institute and presented at the 43rificant; (2) the bow shock influence grows with increased stage

International Gas Turbine and Aeroengine Congress and Exhibition, Stockhol 2 ; ;
Sweden, June 2-5, 1998. Manuscript received by the International Gas Turbﬁg'(:k pressure(,S) the influence can be adequately modeled with

Institute February 1998. Paper No. 98-GT-344. Associate Technical Editor: R. @1 Unsteady, nonlinear Navier—Stokes analydisthe bow shock
Kielb. influence of a transonic rotor varies with span and must be mod-
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eled accordingly, and5) higher-order harmonic content of un- Rotor
steady surface pressures is significant and important for transor 26% Rotor Chord —c o
vane/blade analyses. Stator

Research Facility GV

Compressor Aero Research LaliCARL). The experiments
for this study were conducted in the Air Force Research Labore
tory’s Compressor Aero Research Lab facility at Wright-Patterso AN
Air Force Base. The research compressor is a high-speed, higt.
loaded 1 1/2 stage compression system. The compressor facility
consists of an open or closed-loggurrently opei tunnel system Fig. 2 Flow path through SMI compressor rig
with an upstream venturi flow meter to measure the mass flow
rate. The compressor is driven by a 1490 kW electric motor with
a variable speed range of 6000 to 21,500 rpm. .
The research compressor, Fig. 1, was designed to simulatek&@’lac'”.g to chord ratjoalong the span and have no steady aero-
second stage of a highly loaded military core compressor. Wa amic loading in order to achieve a uniform two-dimensional

from a first stage are simulated by a upstream blade row. TH@Ke. There are 24 IGV's in the upstream passage. The axial

primary intent for this research compressor is to investigate tiBacing between the 'G\]f t;lades trakiling edge and the rotor lead-
influence of an upstream stage on the flow swallowing capabilit}d €d9e is 26 percent of the IGV chord.
of a downstream transonic stage. Details on the compressor desigiisy Surface Pressure Instrumentation. The IGV’s are in-

are defined by Lay8] and are summarized in Table 1. strumented with miniature Kulite pressure transducers. Figure 3

To study the effect of different upstream stages, an IGV asseghows the locations of these pressure transducers. Two different
bly is placed upstream of the rotor section. The IGV's were dgjjades are instrumented with ten pressure transducers each. To
signed to create a wake consistent with a modern technologyyestigate spanwise effects, two different spanwise locations are
highly loaded, low aspect ratio stage. Therefore, they have a wiggtrumented, 50 and 75 percent as shown measured from the hub.
trailing edge, as shown in Fig. 2. The IGV’s do not turn the flowp picture of the actual mounted transducers for one blade is
as would a normal IGV assembly. They have a constant solidighown in Fig. 4. The blade surface is machined to allow the pres-
sure transducers to be mounted flush. To protect the pressure sen-
sor, a thin layer of RTV was placed over the diaphragm. Grooves
for the lead wires were also machined to ensure no disturbance to
the flow. The lead wires are bundled and fed out of the casing.

Two adjacent IGV’s are instrumented, giving data for one flow
passage. Flow periodicity is assumed with one blade’s data phase
shifted to the other blade for analysis.

LQ-125 miniature pressure transducers from Kulite are used for
the surface pressure measurements. These transducers were de-
signed to measure absolute pressure up to 172.4 kPa. The pressure
transducers are manufactured directly on the blades with a pres-
Fig. 1 Schematic of SMI compressor rig sure sensing element 0.1524 cm in diameter. It has an internally
compensated temperature range—df.1 to 54.44°C. The natural
frequency of the pressure transducer is specified as 300 kHz, giv-
ing a usable frequency range of 100 kHz.

Calibration of the transducers for sensitivity and offset was
PARAMETER ' achieved through bench tests. Before installation of the instru-

: PTI mented IGV, the transducers were subjected to variable pressures

Table 1 Compressor design parameters

 NumberofAfolls . F 33 49

at a nominal temperature of 21.1°C and an elevated temperature
Aspect Ratio - Average 0.961 0.892 of 43.3°C. The results of this study indicated, for this range of
Inlet Hub/Tip Ratio 0.750 0.816 temperature variation, a transducer sensitivity of 0.02 percent per
Flow/Annulus Area, kg/sec 18.14 -
Flow/Unit Area, kg/sed/m? 0.738 -
Flow rate, kg/sec 15.63 ==
Tip Speed, Corrected m/sec 341.4 -- 75% Span  + + 4+
Mg, LE Hub 0.963 0.820 e d  cboall
Mggr LE Tip 1.191 0.690 50% Span T + ottt
PR Rotor 1.880 --
Niso Rotor, % 93.5 --
PR Stage -- 1.840
Niso Stage, % -- 90.2 _ -
D Factor Hub 0.545 0.502 —
D Factor Tip 0.530 0.491 50% Span
LE Tip Dia., m 0.4826 0.4826 = e
LE Hub Dia., m 0.3620 0.3928 75% Span
TE Tip Dia., m 0.4826 0.4826 . _
TE Hub Dia., m 0.3872 | 0.4038 &) 50 peont 1o ahorg o1 1GV (@95, ()89, (0) 83, ()
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TRAILING EDGE

Fig. 4 Actual transducer application on IGV

degree C. However, the offset was influenced by temperature
variation and the magnitude of the shift varied from a high of
0.2516 kPa/°C to a low of 0.0148 kPa/°C.

Based on this bench calibration, no special procedures were
established to control sensitivity with inlet air temperature shifts.
However, to control transducer offset variation, the transducers’
amplifiers were rebalanced at atmospheric conditions for any inlet
temperature shift of 1.4°C or greater.

From these bench procedures, offset and precision errors were
established as:0.414 kPa andt0.276 kPa, respectively. In ad-
dition, during the experiment, a zero response data set was re-
corded. The data were then processed in the same manner as the
actual test data. This signal is representative of the static pressure
uncertainty due to system noise influences. Based on all of the
above-described calibration and operating procedures, the mea-
sured random uncertainty wa<0.689 kPa. This value includes all
errors due to random noise and temperature changes.

Computational Analysis

A nonlinear unsteady Euler/Navier—Stokes vane blade interac-
tion model, VBI 2D, was developed by Rao and Delarney,
under sponsorship of the Air Force, for turbine configurations.
This model analyzes the relative motion of adjacent blade rows by
allowing one row to move with respect to the other. The VBI code
is utilized for the IGV/rotor interaction in the compressor by mod_l_
eling both the IGV and rotor. A brief overview of the VBI code
will now be given.

Grid Generation. Two separate grids are generated, &hd
andO grid, for each blade row. The two grids are then embedded
to form a composite grid by a chimera method called PEGSUS
[10]. PEGSUS creates the appropriate hole boundaries and inter-
polation stencils involved in the communication of embedded
grids. The embedding process eliminates problems with cell
skewness near the leading and trailing edges of the airfoils. The
transition from the inflow and outflow boundaries to the airfoil

leading and trailing edges causes this problem. The PEGSUS é1ereE, andF, are the viscous terms from the energy equation.
It is now necessary to represent the shear stress equations:

sults are read directly into the VBI code.

Numerical Method. The VBI code solves the Euler/Navier—
Stokes equations using an explicit Runge—Kutta scheme in quasi-
three-dimensional space. Figure 5 represents the coordinate sys-
tem used in the formulatiof7]. The Baldwin—Lomax11] model
for turbulence and transition is utilized within the code. The gov-
erning equations for flow on a blade-to-blade surface of revolution
will now be given[7]:

9Q
—+
at

JE
om

JF

—g=H )

where:
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Fig. 5 Coordinate system used in VBI formulation
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The following equations represent the energy components:
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For this analysis, it is assumed that Stokes’ hypothesis is true. FoBack Pressure Influence. Five different back pressures were
turbulent results, the viscosity is represented in an appropriateed defining a complete speed line, as detailed in Fig. 6. They
form. The laminar and turbulent viscosities are accounted for withere open throttlgpoint a), peak efficiency(point ¢), near stall

the turbulent viscosity found from the Baldwin—Lomax eddy{point €) and two other points in betwedpointsb andd). The
viscosity model. experimental results from all five back pressures are shown on the
same plot for comparison at each chordwise location. Averaged

b Bogndary (glct).ndltlons. t[}!on&e{lecttrli\: |_gflowthand foutflow time-resolved results from both spanwise locations are presented
oundary conditions are utilized tor tre-grids with a reterénce ;, igs 7 and 8 with only four chordwise measurements shown

plane method of characteristics scheme. For@herids, the ref- due to a lost transducer at 75 percent span and 50 percent chord.

erence planes are inherently nonparallel due to the fact that they;i ure 7d) represents the data at the 50 percent span. 95 per-
are conforming to the airfoil shapes. It is then necessary for tlag g Ad rep P pan, P

VBI cod h p | el h oth t chord location. At this chord location, the near-stall back
code to set the reference planes parallel to each other aﬁissure is where the unsteady pressure loading is the highest. The
perpendicular to the inflow boundary. This allows for the refer:

. i overall magnitude of this unsteady loading is a normalized pres-
ence plane method of characteristics scheme to be utilized s g y 9 b

- ! SHfre of approximately 0.32. This translates into a pressure varia-
cessfully at these boundary points. As the blade moves relative g, o 29?25 kPa Wg/ich is quite substantial within% compressor
the vane with the progression of a time step, the information fro .

. . ) ) m a structural point of view. The results presented in Fid) 7
the previous time step is used to define the necessary vane outflgi ¢, nsistent with the governing flow physics concerning tran-
or blade inflow boundaries.

; - sonic compressor operation and variations in back preg&die
_ A phase-lagged technique is utilized for the blade to blade pgg yhe pack pressure is increased, the mass flow rate is decreased.
riodic boundary conditions. The computation is performed on OR8nce on the horizontal portion of the characterigioints b—e),

vane or blade from each row at a time. The So'““‘.m fields f%e downstream back pressure increase will push the compressor
adjacent vanes or blades are stored for the use in the ph

lagging proceduré7]. 456w shock farther upstream from the blade leading edge resulting

yy laoDi F theH-arids at th tiet and blade inl in a stronger bow shock and also a phase lead, relative to the rotor
n overlapping o -grids at the vane outlet and blade inlet, ¢ in sensing the shock influence on the IGV. This concept is
allows for information to passed from one row to another. At leagk 1 onstrated in Fig. 9. Therefore, the bow shock will move for-

three cells must overlap for accurate information exchange. rd and be sensed éarlier on tﬁe IGV as the back pressure is

bilinear interpolation method is used to transfer the data from tfi}l?creased with a maximum value found at the near stall location
IGV H-grid to the rotorH-grid to find the necessary boundaryAS will be demonstrated in all the results presented, this trend is

conditions. consistently found experimentally.
Even though the bow shock wave is weaker at the open throttle
Results position, a substantial unsteady pressure fluctuation is shown. Its

A series of experiments were performed to investigate the IG¥rmalized value is 0.1211.03 kPa The change in phase, with
unsteady surface pressure response due to the upstream travé@8gect to the rotor leading edge, of the unsteady pressure load-
pressure field generated by the downstream rotor. The stage b with variations in back pressure is clearly shown in Fig).7
pressure was varied by exit area changes and the IGV respofiSethe flow rate is increased from the near-stall condition to the
measured at two spanwise positions. A computational study ween throttle condition, Fig.(d) shows a continually increasing

then completed utilizing the VBI code with comparisons made fehase lag in the unsteady surface pressure values. This result is
the experimental data. consistent with the previous description of the bow shock move-

ment with an increase in back pressure, as described in Fig. 9. The

Experimental. The experimental data were recorded on a 2frther the shock’s position is upstream of the rotor leading edge,
channel analog tape recorder with a flat response up to 80 kite earlier it will reach the IGV's. This effect is also shown by
The data were digitized off-line at an effective sample rate of 5Q@nsidering the phase information from a first harmonic Fast Fou-
kHz by reducing the tape playback speed by one quarter and safgr Transform analysis of the data. Figure 10 shows the first
pling at 125 kHz. Anti-aliasing was achieved using a Precisigfarmonic phase results for the five different back pressures. As
Filters TD6B Linear Phase Time Delay Filter. An effective cutofthe flow rate is decreased the phase plots are continually shifted
frequency of 132 kHz was used for the data reduction. This givesward.
a 1 percent attenuation of the signal at 77 kHz. The blade passrigure 7c) shows the results at 89 percent chord. Again, the
frequency is 7.8 kHz. Therefore, the first 11 blade pass harmonigsar stall back pressure has the largest overall pressure fluctua-
are resolved without aliasing or attenuation. Data were digitize@n, 0.16 or 14.48 kPa. In comparison with Figdy the un-
for a time record of 68 ms, as was dictated by storage limitationsteady pressure magnitudes have decreased due to viscous dissi-
which gives approximately 11 rotor revolutions. Ensemble avegation as the pressure wave moves upstream. The bow shock’s
aging was performed on the data in order to average out asiyength weakens the farther upstream it travels, but the shock is

inconsistencies that may exist from one rotor blade to the neefinitely present at the 89 percent chord location for the near-stall
The ensemble averaging was accomplished based on the rotor

blade pass frequency; since the rotor has 33 blades, about 3¢ ,
records were ensemble averaged. To assist in discussion of tf o :
results, the data are presented as two blade passages from t 191 £
same averaged single passage record. o 181
For an analysis of the effects of back pressure on the surfacg
pressure variations on the IGV’s the 105 percent corrected roto § 17
speed was used with a 26 percent rotor chord spacing. This spaé
ing is very representative of typical compressor designs. At 10t
percent corrected rotor speed, the relative Mach number at 7. sl
percent span is 1.22 and at 50 percent span it is 1.14. A nondi
mensionalized difference of the pressure values across the blac ‘-4151 5 15’5 1;7 o o
was determined from the measured absolute pressure data as ¢ ' | ) ) ) )

1.6 4

fined by' Mass Flow Rate(kg/s)
P1— P2 Fig. 6 Compressor performance map for:  (a) open throttle; (b)
-T2 9 above design; (c) peak efficiency; (d) below design; (e) near-
P p ®) stall
S
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Fig. 7 Differenced nondimensionalized pressure time traces
for various back pressures at 50 percent span and different Fig. 8 Differenced nondimensionalized pressure time traces

chordwise positions on IGV:  (a) 70, (b) 83, (c) 89, (d) 95 percent  for various back pressures at 75 percent span and different
chordwise positions on IGV:  (a) 70, (b) 83, (¢) 89, (d) 95 percent

back pressure. Similar trends are found at the 83 percent andst@e, the farther the bow shock’s location moves upstream. There-
percent chord locations, Figs(bf and 7a), as the 95 percent and fore, stronger unsteady surface pressures are experienced by the
89 percent chord results just discussed. IGV’s. As the back pressure was increased, the unsteady pressure

In review of the 50 percent spanwise results, several statemehitstories show a continually increasing phase shift in the results.
can be made. Back pressure plays a significant role in the maghitis trend holds for all chordwise locations, as shown in Fig. 10.
tude of the unsteady surface pressure fluctuations measured onRimally, the farther upstream on the IGV's, the weaker the pres-
IGV by the downstream transonic rotor. The higher the back presdre fluctuations measured on the IGV surface.
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Bow Shock Positions .

{a) = Choke
(c) = Peak Efficiency
(e} = Near Stall

© Y

Fig. 9 Sketch of various shock positions
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Fig. 10 First harmonic unsteady delta pressure phase results:
50 percent span

Spanwise Variations. To investigate three-dimensional ef-
fects, instrumentation was applied at the 75 percent spanwise lo-
cation at the same chordwise locations as the 50 percent. Figure 8
shows the results from the 75 percent span transducers for 105

5004

Open Thiottie
Above Design
+—+  Peak Efficiency
Below Design
Near Stall

:
0.8

Xl

L
09

75% Span

--- 50% Span
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s
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0.85
xe

s
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Fig. 11 First harmonic unsteady delta pressure phase results
75 percent span

percent speed. Due to the increased radial distance at 75 perédght12 Comparison of first harmonic magnitude for 50 per-

span, the rotor blade speed is higher resulting in a higher relat
Mach number(1.22 versus 1.4 It is expected this higher Mach
number will result in a stronger bow shock and increased unsteady

IGV surface pressure measurements over those at 50 percent spege. The first harmonic magnitude of the 75 percent span is

The near-stall back pressure results in Figl) &how the great- significantly larger than that of the 50 percent span and the mag-
est unsteady pressure fluctuation of 0.43 normalized or 40 kméudes at the 95 percent chord location are dominant with the
This is a significant increase over the 29.65 kPa at the 50 perc&atues then dropping off with movement upstream along the IGV

span, 95 percent chord location. The pressure data from the pésekace.

efficiency back pressure have a maximum magnitude of approxi-
mately 0.19 or 17.24 kPa. All trends seen at the 50 percent spar
wise location are duplicated at 75 percent span; however, t
magnitude changes are more pronounced. Figure 11 shows T
first harmonic unsteady phase distribution with IGV chord. As the

back pressure is decreased, the phase distribution shifts ahead. At

e

012

wt span and 75 percent span near-stall

Harmonic Content. Another important discovery is significant
igher-order harmonic content within the unsteady pressure sig-
gs. Figure 13 demonstrates this fact for both the 50 and 75

75 percent span, the effect of the bow shock at the 95 percent
chord location is quite evident at all flow rates. When compared to

the 50 percent span results, the 75 percent span results show thi o1}

increased bow shock strength of the transonic rotor downstream
of the IGV’s. The trends for the remainder of the chord locations
upstream(Fig. 8@a) and 8b) are the same as the 95 percent chord
data, which was true at the 50 percent span as well. N

As was shown, all of the trends at the 50 percent spanwise %mos-

location were true at the 75 percent span. Therefore, the unsteady*

pressure magnitude decreases with decreasing back pressure, tr |

phase relationship moves forward with decreasing back pressure,
and the pressure magnitude increases in moving closer to the trail-
ing edge. In addition, when compared to the 50 percent span re-
sults, significant spanwise variations are evident. These effects are
caused by the change in rotor relative Mach number with radial

0.021

+

+  50% Span
75% Span

location. The first harmonic unsteady pressure magnitudes, Fig.
12, show a spanwise location effect as well as the fact that the

0.5

2
Frequency

25

x 10"

pressure magnitude increases in moving towards the IGV trailingjg. 13 FFT of near-stall 95 percent chord experimental data
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percent span data through a Fast Fourier Transform analysis. The
blade pass frequency is dominant for the 75 percent span data but
the second harmonic is significant in magnitude. The 50 percent
span data show that the second harmonic is actually dominant.
The power of the higher-order harmonics for both spanwise posi-
tions decrease significantly past the second. In order to model or
analyze vane/blade interactions properly, it is necessary to take
the higher-order harmonic content into account. The magnitude at
the blade pass frequency is generally dominant, but the fluctua-
tions that occur above this frequency can be important as well,
thereby creating a necessity to perform a nonlinear analysis.

Computational. A comparison of computational results and
experimental data will be shown. The operating point used for this
comparison is the 105 percent corrected speed, below design back
pressure. This operating point is shown in Fig. 6. A grid indepen-
dence check was done for the computational work and the number
of grid points for both théd andO-grids for each row will now be
given. For the IGV row, thé-grid contains 28k 27 points and
theH-grid, 273<93. The rotorO-grid needed 35% 27 points and
the H-grid, 293x 93, for grid independence. A total of 4896 time
steps were used per rotor blade pass with 171,360 time steps

needed for convergence. Figure 14 represents a pressure-time his- .

tory for a node between the IGV trailing edge and the rotor lead-
ing edge for the below-design operating point. A total of 35 rotor

blade passes were analyzed to reach a nearly periodic solution as

shown in Fig. 14. The rotor passage has a 30 percent stream tube
contraction, so this value was input into the VBI code to account
for the spanwise component of the quasi-three-dimensional analy-
sis. An algebraic turbulence model is utilized to model viscous
effects in the computational results presented. This turbulence
model is turned on after one complete unsteady blade pass. Fi-
nally, in modeling the current configuration, 24 IGV’s and 33
rotor blades, it was possible to reduce the numbers to 8 IGV’s and
11 blades due to periodicity. A phase-lagged boundary condition
is then utilized, making it necessary to perform the computations
on only one vane or blade of each row at a time through the use of

storage of data from previous blade positions with respect to thig. 15 105 percent speed: below design Mach number con-
IGV. The analysis using the reduced 8 IGV's and 11 rotor blad&urs: 50 percent span

can be seen in Fig. 15.
Figure 15 represents the computational Mach contour lines for

11 rotor blades and 8 inlet guide vanes for this below design bal§iading edge. The Mach numbers before and after the shock

pressure at 50 percent span. For this operating point, a bow sh&@k{ch experimental values reasonably, an indication of the solu-

at the leading edge of the rotor is known to exist. The back preléon accuracy. The upstream shock interaction causes a significant

sure needed to operate at this low flow rate forces the bow shddksteady pressure force on the IGV's.

upstream of the rotor leading edge. In the computational analysis,The rotor trailing edge separation noted in Fig. 15 is thought to

the bow shock is clearly evident and is upstream of the roté due to the two-dimensional analygiack of three-dimensional
relief) as well as a low-Reynolds-number limitation in the turbu-
lence model so that the physics may not be completely captured in
part of the blade boundary layer, leading to separation. However,
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this is thought to have little effect on the upstream solution and
the bow shock considered in the present work.

— — — — Computational
Experimental

el NOUNY | I
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Frequency (H2)

Fig. 16 Frequency response comparison: 95 percent chord 50

Fig. 14 Pressure time history for convergence check
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tions show the steep pressure rise due to the bow shock, with the
results showing reasonable agreement in magnitude and phase.
For the 89 percent chord location, Fig.(d)y, the shock structure

is still the dominating physical phenomenon. The computational
analysis slightly overpredicts the unsteady magnitude response
with the phase in excellent agreement. At 83 percent chord, the
results show that the shock has dissipated somewhat and that this
dissipation is underpredicted in the simulation. However, the re-
sults still show good phase agreement. The comparisons for 70
and 50 percent chord show relatively poor agreement. Although in
reasonable agreement in magnitude, the simulation shows phase
agreement.

The computational model predicted the magnitude and phase of
the unsteady pressure on the IGV surface very well for the oper-
ating point used for this study. The computation demonstrates the
complex character of the unsteady loading as was seen in the
experiment, thereby capturing the higher harmonic content that is
present in this interaction. The code, however, did tend to under-
predict the shock dissipation in moving upstream along the IGV.
From our study, the code predicted the unsteady loading accu-
rately enough to potentially be useful for HCF analyses on blade
rows upstream of a rotor row.

(Deltaa PY/Ps

(Dolta P /Ps

Summary and Conclusions

(Delta PY/Ps

This study quantifies the potential influence of a compressor
rotor on an upstream IGV. The rotor’s influence on the unsteady
IGV surface pressure distribution was established experimentally
and simulated computationally.

This study reports results from a transonic core compressor
stage typical of current military in-service flight hardware. The
IGV/rotor spacing is also typical of current in-service hardware.

The rotor’s influence on the unsteady IGV surface pressure dis-
tribution was quantified at two spanwise locatiof® and 75
percent experimentally. In addition, a two-dimensional unsteady
Navier—Stokes solver was used to predict the unsteady surface
pressure distribution at 50 percent span.

0 ' ' ' The unsteady surface pressure measurements show a higher
. ! ! I | ! than expected influence on the IGV, which is due solely to the
influence of the downstream rotor. The peak instantaneous local
loading was found to be 40 kPa. The bow shock influence in-
creased as the compressor was throttled, i.e., as the stage exit back
pressure was increased.

The experiment showed a steep pressure gradient induced by
N2 1 the rotor bow shock wave. Spectral analysis of the time-resolved
pressure history contained significant harmonic content, which

) 05 | 15 ) 2% suggests that the bow shock is the dominant influence on the IGV
T 1 pressure field. In addition, the spectral analysis showed that the
‘me(s) 0 second harmonic is of the same order of magnitude as the first,
indicating that first-order models of this type of bow shock inter-
Fig. 17 Comparison of computational and experimental pres- action may not adequately predict this flow phenomena.
sure for below design (a) 50, (b) 70, (c) 83, (d) 89, (e) 95 percent In addition, the experiment showed a significant difference in
chord location on IGV the upstream influenc€ GV unsteady surface pressuresith
span, indicating that spanwise effects are deemed to be important
in transonic compressor analysis.
The numerical simulation showed that a two-dimensional com-

A comparison of the frequency response between the expeapistation may be quite useful in predicting upstream potential forc-
mental data and computational results is shown in Fig. 16. The By functions due to downstream blade rows. The code was better
percent chord location data were used for this analysis. Figure d6le to predict the bow shock interaction near the IGV trailing
demonstrates excellent agreement in frequency. The higher-orddge, while the results farther upstream show that the code over-
harmonic magnitudes are in general captured by the compupaedicts the strength of the bow shock wave.
tional analysis with the second harmonic being under predicted. The computation also demonstrated the capability to predict the

A comparison of the local blade loading on the IGV’s is showromplex nature of the forcing function by showing similar har-
in Fig. 17. The computational results shown are for the last twoonic content as was shown in the experimental results. These
blade passes of the 35 total. As can be seen in the figure, thesults show that two-dimensional unsteady computations show
interaction weakens from the trailing edge to the leading edge. ptomise in forecasting unsteady blade surface pressure distribu-
the 95 percent chord location, both the experiment and computens which may be useful in the study of forced blade response.

(Dolta P)Y/Ps

(Deoelta Py/FPs
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xizovawu § Boundary Layer Transition
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Turbulent wakes swept across a flat plate boundary layer simulate the phenomenon of
wake-induced bypass transition. Benchmark data from a direct numerical simulation of
this process are presented and compared to Reynolds-averaged predictions. The data are
phase-averaged skin friction and mean velocities. The predictions and data are found to

Center for Integrated Turbulence Simulation and
Department of Mechanical Engineering,
Stanford University,

Stanford CAngllgti)ggssoosoé agree in many important respects. One discrepancy is a failure to reproduce the skin
anford, ) friction overshoot following transition.S0889-504X00)00503-1]
1 Introduction An idealized benchmark case for the turbomachinery applica-

. S tion would be flat plate boundary layer transition induced by pe-
Compressor and turbine blades operate in highly perturbed ?fgdically passing F\)Nakes. The l}/se )gf a flat plate mimics r):]gny

te_rnal flows. _Thelr flow gondltlons are such that gubstanhal r?'\rhportant features of turbomachines without the complexities of
gions of laminar flow exist, even though the laminar Iooundarﬁressure gradients and surface curvafiré—9. Admittedly stag-
layers are h!ghly buffetefll]. Transition to turbulence often oc- nation point distortion of wakes at blade leading edge is omitted
curs after midchord. in the wake passing flow over a flat plate, as are other features of
O ) - #fe turbomachine cascade environment. However, the basic flat
to prediction of flow in turbomachinery blade rows has led tQ|5te case is a time-honored, productive starting point. Attempts
efforts to predict transitional flows with turbulence modEl. ¢, optain quantitative experimental data in the wake—flat plate
Reynolds-averaged Navier—Stokes computations of wake-inducgghfiguration have been difficult; there are many technical issues
transition on a compressor blade have been carried out recentlyy; confound experimenters. For instance, Liu and Rblj em-
Kang and Lakshminarayarjg]. They concluded that qualitative pioyed the configuration shown in Fig(a. The squirrel cage of
agreement with experiment suggests this to be a promising &jtinders produced an extra wake on its upstream side. This is one
proach. A review of research on transition in turbines was prgf many impediments to designing a benchmark experiment. In
pared by Simon and Ashpjg]. addition to the technical difficulties is the sheer quantity of data
Although turbulence closure models are developed and cgliquired to obtain space—time, phase-averaged statistics. Essen-
brated for turbulent flow prediction, there is a fervent hope thaklly one wants(Cy)(x, 2m¢) and (U)(x, y, 2m¢). Here the
they will suffice for prediction of bypass transition. The basis for
such hope might be stated as follows: Transition from laminar to
turbulent flow can be described as a bifurcation between solution
branches. If a turbulence model admits a laminar solution at low
Reynolds number and a turbulent solution at high Reynolds nur-
ber, then the model will bifurcate at a critical Reynolds numbe
The critical Reynolds number might be representative of that fi
fluid dynamic transition. This bifurcation of steady solutior
branches with increasing Reynolds number occurs in compu
tions of plane channel flofs]. The bifurcation point is a function
of the model and its empirical coefficients. In a boundary laye Ut
transition occurs as the flow evolves downstream and the desci
tion in terms of laminar and turbulent branches of the model
less clear. This picture is further clouded by the fact that mo
turbulence models are ill defined in the limit of zero turbulence
An exception is thé&k—w model, for whichw is determined by the
mean rate of strain, even in the absence of turbulent erjéigy
One should not be too sanguine about the ability of turbulen:
models to predict bypass transition. They are certainly not mee
for this purpose.
A comprehensive test of low-Reynolds-numliiers models in ° ®)
bypass transition has been conducted by S&2|ll Experimental
data in the ERCOFTAC database on boundary layers under m«
erate levels of free-stream turbulence provided the benchmiy 4
data. The results of these tests show promise; turbulence moc——= @<— L=l
may be a suitable engineering tool in some transitional turbom y
.

0

chinery applications. The particular route to turbulence depen
somewhat on the source of perturbation: Grid turbulence provid

a free-stream disturbance that convects uniformly above t I
boundary layer; turbomachine blades are subjected to impingi Uep =
turbulent wakes.

=-0.7U

Fig. 1 (a) Layout in the experiments of Liu and Rodi [10]; (b)

Contributed by the International Gas Turbine Institute for publication in théyout in the present numerical simulation; the computational
JOURNAL OF TURBOMACHINERY. Manuscript received by the International Gasdomain is defined as 0.1 =x/L=<3.5, 0.0sy/L=<0.8, 0.0=z/L
Turbine Institute November 1998. Associate Technical Editor: T. H. Okiishi. =0.2
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angle brackets denote a phase averagedigithe phase of the with a centerline separation of about 2.9 times their width, but
wake passinge varies between 0 and 1 as wakes sweep perioditerge inside the domain. This high-frequency simulation is meant
cally across the plate. to produce sustained high intensity free-stream turbulence in the
The obstacles to physical experimentation can be overcome feynsitional region.
Direct Numerical SimulatioriDNS). Computer power is now at  The present paper provides relevant phase-averaged data. We
the stage where, in a small number of selected cases, reliaf4ft also present Reynolds-Averaged Navier—Stok@ANS)
benchmark data may be produced by accurate computation of §g,jations of wake induced transition using turbulence models.
Navier—Stokes equations. The relatively low Reynolds numbeffese consist of two-dimensional, unsteady RANS computations.
involved in transitional flow make DNS feasible. Years of €XPerhe RANS computations were performed on a 2aD1 grid.
fience in turbulence_sm_lulatlon _have led to guidelines on grlT’ihe spacing was uniform ixand stretched igy. The models used
resolution and domain size requirements. These have been com. . S_A13] andv2—f [14]. Th both dd
bined with further resolution studies in Wu et l1]. It was " 'S paperare —AL3] andv”~f | .]'. ese both use an eddy
viscosity formula for mean flow prediction. The models are stated

concluded therein that a 1024101< 128 grid sufficed for the | . . X
present problem of wake-induced bypass transition. The total |8fthe appendix. The details of the RANS computations are essen-

52.5< 10° points is one of the largest that has been used for trafi@!ly the same as in Durbifi4].

sition simulation. A wealth of data have been generated. A small Self-similar wakes were swept across the inlet in correspon-
subset of those data will be presented herein. dence with the DNS. The wakes were generated by a separate

computation and imposed as the inlet boundary condition. Figure
2 Simulation of Wake-Induced Transition 2 compares the inlet wakes predicted byiﬁef model to those
Fi b i h ic of the flow d i of th il used in the DNS. The agreement is quite good. A virtue of the

. |gure.1.) IS a schematic of the flow domain of these simu af)resent test case is that one can closely match the inlet conditions

tions. This is a rectangular box, sk=<3.5, 0<y=<0.8 in nondi- of the RANS simulation to those of the DNS

r;ig;smn?]l unLljts.i'I'lhg I?heyr}olld;s nfumber =Re‘|ef L:V 'Il'sh 1.5 id The S—A model solves an equation for a pseudo eddy viscosity,

s aci’n ngse urﬁgrm Iisrx aﬁ dlgeanrg iifentgﬁe\c/ieioux. Blagiugsn then invokes a nonlinear transformation to obtain the actual eddy

bgundgry layer with Re=80 waé imposed at the i?\lllet whefids viscosity (see the appendix This procedure was introduced by

the boundary layer momentum thickness. Self-similar wakes wi?ggg‘ﬂ’;“aﬁgniateﬁ&ﬁ]bm ;Etetlrr;tr'lssrgztrtorfn fgérenlulgt_mAg ﬁagol;gitéﬁ; ]
i .

swept periodically across the entrance to the flow domain. Th | del i | d ics: Indeed. it |
half-width was 0.1 and the velocity deficit was 0.14, scaled on tr?é)r?:lgrammc:en?at;ll external aerodynamics: Indeed, it is computa-

inlet reference velocity. The translational velocity of the wakel0 5 o
was 0.7. These inlet conditions are analogous to those of the exJhev“—f model originated as an attempt to represent the non-
periment by Liu and Rod{[10]; Fig. 1(a)). Further details can be local and anisotropic effects of a wall on a proximate field of
found in Wu et al[11] and Wu and Durbiri12]. turbulence with a lesser level of complexity than full second-

Two wake passing periods have been simula®&d1.67 and moment closure. This model has proved effective in predictions of
7=0.42. In the first case the distance between wake centerscignplex flows and of surface heat trandgfe]. Both models have
1.67x0.7=1.17, which is 11.7 times their initial half width. Thebeen used without any modification for transition prediction,
wakes remain well separated. In the second case the wakes giartse.
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Fig. 2 Characteristics of the temporarily developing planewake used for generation of in-
flow profiles; lines:  v?—f model at three instants; ¢ plane cylinder wake of Schlichting  [18];
+ Wu et al. [11] at one instant.
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3 Phase-Averaged Fields where the overbar indicates a time-average. These data give an
fverage onset of transition at about 0.7 in the low-frequency
e and about= 0.5 at high frequency. At the transition location
€ average Rgis about 200, which happens to approximate the

be presented here. These are representative of a phase-averg ol cnpcal_ngnoIds r.‘“.mtfr- Figure 4 gontalns time-averaged
and time-averaged database that has been created from the §g@n skin friction coefficienC; as a function ofx for the two
merical simulations. different passing frequencies. Computations with-f are in-
Figure 3 contains three sets of contours: the instantanediigded for comparison. Computations with S—A are included as
u-velocity; the phase-averaged DNS data; and-af simulation. Well in Fig. 4@). . o _
These are for the low-frequency case. The instantaneous contours—A Undergoes an early transition. This is not unexpected since
(Fig. 3(@)) show that the boundary layer is laminar fox 1 and the user-speqlfled trip functlon was not use@ for these computa-
turbulent forx>1.5. The transition to turbulence is less clear ifions: That trip function requires the transition to be specified,
the phase-averaged cag&sgs. 3b,c)). However, the boundary WhICh. would defeat the purpose of thg present testing. Th'e de-
layer is observed to thicken downstreanxef 1.5, indicating that Struction terms in the S—A modeippendix, Eq(1)) are quadratic
this region has become turbulent. Some thickening is also df-the eddy viscosity, while production is linear. In the limit
served beneath the wake, both in the data and in the RANS com® production is balanced only by diffusion and transition oc-
putation. The thickening beneath the wake is the forced resporéS at very low Reynolds number. An analysis of instability in
of the buffeted laminar boundary layer to the passing wake. Rtane channel flow is described in the appendix. The inclusion of
this frequency the wakes remain well separated across the en@rélissipation equation permits a balancing of production and de-

The DNS fields were averaged at a fixed phase over 50 cyc
of the wake passing, and over the spanwise direction. Data on
mean velocity and surface skin friction as functionxof, ¢ will

computational domain. struction that controls transition in that type of modél. The
Time-averaged data were obtained by further averaging over aft-f model includes a dissipation equatitsee the appendix
phases; i.e., The v2—f computation shows better transitional behavior. It
1 follows the laminar branch to a reasonable distance be@yre
Ef:j (Ci)de begins to increase toward turbulent levels. It is known from ex-
0 periments that, following transitiorC; overshoots the turbulent

0.6 P

04

0.2

——

=

0.0 0.5 1.0 1.5 2.0 25 3.0 3.5

Fig. 3 (a) Instantaneous u over one x—y plane at t=32.57 in the DNS of Wu et al. [11];
(b) phase-averaged (u) at ¢=0.5from the DNS of Wu et al. [11]; (c) phase-averaged (u) at
¢=0.5 from the present unsteady RANS using  v?—f model
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0.008 , Figures %a, b) show tongues of low(C;) (blue coloj that

protrude between the lobes of the undulating line of transition
0.007 (@) - (yellow contour in %a)). These are areas in which the laminar
skin friction is highly disturbed by the wake. Curves of skin fric-
0.006 - 1 tion along the plate at an instant are horizontal sections through
0.005 the contour plot. One can imagine that a slice showi@g)(x) at
' constant phase would reveal a complex form, cutting across the
. 0.004 buffeted laminar region, into the turbulent region, possibly inter-
S} secting a patch of perturbed laminar flow, and finally traversing
0.003 the downstream turbulent region.
Figure 6 contains six such slices, @0, 0.2, 0.4 in part(a)
0.002 and at¢$=0.5, 0.7, 0.9 in partb). These are the same data as in
0.001 Fig. 5, but displayed in the form of line plot$C:)(x), at the
’ various ¢. Bell-shaped protrusions upstream xf1.5 are the
0 footprint of the passing wake. They enter the domain just before
#=0 in Fig. 6a) and progress downstream, becoming increas-
0.008 ingly pronounced. Both the DNS and RANS simulations contain
this feature. It appears that this peak grows due to prolonged
0.007 forcing of the laminar layer, in a frame of reference moving with
wake, and is distinct from the bifurcation to turbulence. Down-
0.006 stream ofx= 2.0 the flow is always turbulent, although perturba-
tions by the external wake are still seen.
0.005 Where the onset of self-sustained turbulence occurs is not en-
- 0004 tirely clear in these line plots. In fact, the DNS data =0
o seem to pass into and out of the turbulent region. The ambiguity is
0.003 resolved by Fig. &), which shows the undulation form of the
transition. Indeed, a$h=0 in that figure a laminar patch around
0.002 x=1.75 is protruding between the turbulent regions. The RANS
simulation in Fig. Bb) also has this patch, but it is narrower and is
0.001 present at a later phase.
The high-frequency case was chosen to simulate sustained,

0 05 1 15 2 25 3 35 high-intensity free-stream turbulence; it is less relevant to the
T problem of transition induced by discrete wakes. The transition
line shows only faint undulations, as seen in Fig. 7. The slight
Fig. 4 Time-averaged mean skin-friction coefficient; ODNS of raggedness of the DNS contours is due to finite sample size. They
Wu et al. [11]; — unsteady RANS using v?-f model; ——  suggest that the free stream is persistently turbulent. This case
unsteady RANS using S—A model; - - - - Blasius solution with- shows even more definitively that the large perturbationx at
out wake; (&) 7=1.67; (b) 7=0.4175 =0, created by impingement of the wake on the surface, do not
trigger transition. The agreement between the model and data is
similar to the low-frequency case: The transition location is quite
level and then relaxes to the flat-plate correlation. Both RAN&asonably predicted, but the overshoot following transition is not
models fail to reproduce the overshoot. This is simply because tteproduced.
models were calibrated for flat-plate skin friction. At the exit of The remaining figures provide DNS data and RANS results for
the flow domain Rg=1100 in the DNS. The boundary layer stathe flow field. Figure 8 shows the development of time-averaged
tistics have assumed turbulent profiles at this point, but the skittegral parameters of the boundary layer. Decline of the form
friction is still influenced by the path of transition and the freefactor provides a gross indicator of transition from a laminar to a
stream wake. ) o turbulent velocity profile. As seen previously, FigaBshows a
Space—time field,Cr)(x, ¢), are displayed in Fig. 5 for the premature drop in the form factor predicted by the S—A model.
low-frequency case. The transition region moves periodically Fhev2—f results are in better agreement with the data. However,

wakes pass across the inlet. The location and movement of g o factor lies above and the displacement thickness below
sition is mimicked reasonably well by the’—f computation. the data after transition.

S—A again suffers from early transition. . . Figure 9 displays log-linear mean flow profiles at four phases
The contour levels downstream of transition are underpredicted 4" 4 55 5 0 75. The free-stream region shows the location

by the models because of the lack of overshoot, as was alreg(yy, o 1,1y jjent wake at each of these instances. Flaeation is
seen in Fig. 4. The contour plots in Fighgive further hope that =1.0, which is in the region of large oscillations of the skin
turbomachinery rows can be computed by unsteady RANS meth- "’ ; : . . .

riction, but is primarily a buffeted laminar layésee Fig. 5.

ods with little, if any, modification by special purpose transitio Fi 10 displ f il t th f h
models. But if highly accurate prediction of the transition regio igure ISplays mean flow profies at tne same four phases
ut now thex location isx=1.5, which is in the region that is

is needed, such as th@; overshoot, then special models would ] . L .
still be required. intermittently laminar or turbulent. Examination of Fig(ab

A notable feature of Fig. 5 is the large perturbation neai0 s_hows thatk= 1.5 the flow is on the laminar side of_ the transition
produced by the impacting wake. This perturbation decays rapidije for $=0.5, 0.75(A, +) and on the turbulent side fap=0.,
from the inlet and is not the cause of transition. Wu effal] 0-25(O, ¢). The RANS simulation in &) is on the laminar side
have examined this inlet disturbance in the instantaneous DREthe transition line forg=0.5 and on the turbulent side fof
fields and also concluded that it decays rapidly downstream. In ted, but both¢=0.25 and 0.75 are on the border of transition. So
direct simulations, the transition to turbulence is effected throughere is a slight difference in phase between the DNS and RANS
the generation of turbulent spots, which first appear in the vicinitgsults. This shows up in the profiles of Fig. 10: The DNS profiles
of x=0.7, at this frequency. at $=0.5, 0.75(A, +) are quite similar near the wall, being of
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laminar form. The RANS profile a$=0.5(A) is of the laminar
form, but at¢p=0.75(+) it has already started to shift toward the
turbulent profiles.

4 Conclusion

In aggregate, the results presented in this paper show a pron
for applying turbulence models to predict the gross features
transitional flow over turbomachinery blades. The direct simule
tion data provided here can be used to benchmark models spec
cally intended to predict transition.
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Appendix

Spalart—Allmaras.
ity v is

The equation for the pseudo-eddy viscos
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0.006
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Fig. 6 Phase-averaged mean skin-friction coefficient for T
=1.67; symbols: DNS of Wu et al. [11]; lines: present unsteady
RANS using v2?—f model; (8 O — 0.07, A —— 0.27, +
«++-047, b) O — 057, A —— 077, + - - - - 097;
— — — Blasius solution
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The actual eddy viscosity is obtained through the nonlinear relFi "™
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Fig. 5 X-t diagram of the phase-averaged skin-friction coeffi-
cient (C;) for 7=1.67; (a) DNS of Wu et al. [11]; (b) unsteady
RANS using v2—f model; (c) unsteady RANS using S—A model

Fig. 7 X-t diagram of the phase-averaged skin-friction coeffi-
cient (C;) for 7=0.4175; (a) DNS of Wu et al. [11]; (b) unsteady
RANS using v2—f model
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6%/6,10%6*

§*/6,10%6*

Fig. 9 Phase-averaged mean streamwise velocity at  x/L=1.0
Fig. 8 Time-averaged mean integral parameters; symbols DNS f02f 7=1.67; (a) DNS of Wu et al. [11]; (b) unsteady RANS using
of Wu et al. [11]; — unsteady RANS using v?—f model; ——  V°—fmodel; © 0.0, ¢ 0.257; A 0.507, + 0.757

unsteady RANS using S—-A model; @ 6*/6; O 10%°6*; (a) T
=1.67; (b) 7=0.4175

where Re is the Reynolds number. For plane Poiseuille flbw
=1-y? and S=2Jy|, for the flow domain—1<y<1. Let R

v, x* =2 Reoty; . Then the equation determining neutral stability is
VT E X 7%+ Rly[7=0
In the production ternS is a transformed mean vorticity: Since 7>0, a symmetric solution is sough#,»(0)=0, 7(1)
_ _ =0. A closed-form solution is readily written in terms of Airy
~ v vty—w functions. These give the neutral stability conditiBa=4. Then
S=St |
K v+

Re~2/ocp,~22
whereS is the magnitude of the vorticity. The modified produc
tion term is designed to produce a linear variatiorwdfom the

wall through the log-layer in an equilibrium, flat plate boundar
layer. The wall distance tern¥(d)? is modulated by the function v?—f. This model is based on the stand#rds model and on
second-moment closures. One can thinkiods an analogy to the

This is well below experimental determinations of the global criti-
)(/:al Reynolds numbef~=900).

— A 6_ &, 202 redistribution term in second-moment closure. The transport and
fw=9g g%+64/’ g=r+03ri-r) r=v/Scd Helmholtz equations for this model are:
Numerical values of some constants have been inserted; the re- Dik=P—e+V-[(v+r)VK] \
maining constants arey;=0.1355, ¢,,=0.622, 0=2/3, ¢, C'P-C &
=Cpy / K7+ (1+Cpp)l . De=—2 % v+ 2ve
When Eq.(1) is applied to parallel flowy is a function of(y, t). t T o,
A crude stability analysis can be performed for plane channel flow — Y (3)
to understand why this model bifurcates early. For small ampli- D _2:kf—Nv— V-4 ) Vp2
tude perturbations to laminar flow< v, and Eq.(1) assumes the v k® VLt r)Vor]
nondimensional, linearized form - (2/37F/k) P (N71)17/k
7 37— ReoCy Sv=02p ) f=LVI=Cr—F——+Cop + —F—— )
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Fig. 10 Phase-averaged mean streamwise velocity at
=1.5for 7=1.67; (a) DNS of Wu et al. [11]; (b) unsteady
using v2—f model; O 0.07; ¢ 0.257; A 0.507; + 0.75T

10

XIL
RANS

k=0; v2=0; e=2vlimk/y%
y—0

f=—(24—4N) 2 lim v/ ey*
y—0

The integeN defines a set of mode[47]. The choiceN=6 gives
the simple boundary conditiof=0. That is the value used here.
The length and time scales are

C.,=C, (1+0.045/k/v?)

T=max —; 6| — ;v L=may—,C,| —
& &

& &
The model constants are
C.=14;, C,.=19, C,=0.22; C;=04; C,=03
E B ’ (5)

A calibration for two values oN is
N=1: C,=0.25; C,=85.0; 0,=1.3
N=6: C, =0.23; C,=70.0; 0,=1.0

These two calibrations give quite similar predictions in turbulent
flow. Figure 11 shows they also yield similar transition predic-
tions for the ERCOFTAC T3A case.

Nomenclature

b = inlet wake half-width
C; = skin friction
k = turbulence kinetic energy
L = characteristic length scale
Re = Reynolds numbet oL /v
Rey, = momentum thickness Reynolds number
t = time
u = instantaneous streamwise velocity component
Ut = characteristic velocity scale
¢y = cylinder velocity, inlet wake traversing velocity
X, Y, z= Cartesian coordinates
= wake angle tan' Ugy/U
phase of wake passing

S R
Il

The rate of turbulent kinetic energy production has the usual y, », = molecular and turbulent eddy viscosity

definition
P:2Vt52; 82:(81U|+(9|UJ)((9JU|+(9|UJ)/4

The following boundary conditions apply on no-slip walls:

0.012 T T

0.008
% 0.006
(@)

0.004

0.002

0o 500 1000 1500
Req
Fig. 11 Skin friction coefficient for the T3A case; ® ER-
COFTAC database; —— v?>—f (n=1); —— v?>—f (n=6)
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T = wake passing period
&* = displacement thickness
e = viscous dissipation rate &
# = momentum thickness
Subscripts

blasius = laminar Blasius solution
ref = upstream reference value
max = maximum wake deficit
wake = in wake coordinate system

Superscripts

— = time-averaging
Other symbols

() = phase-averaging
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Spectral Measurements in
Transitional Boundary Layers on a
Concave Wall Under High and
Low Free-Stream Turbulence

Ralph J. Volino Conditions

Department of Mechanical Engineering,

United States Naval Academy, The relationship between free-stream turbulence and boundary layer behavior has been
Annapolis, MD 21402 investigated using spectral measurements. The power spectral densities of turbulence
quantities in transitional and fully turbulent boundary layers were computed and com-

Terrence W. Simon pared to the power spectra of the same quantities measured in the free stream. Compari-
Heat Transfer Laboratory, sons were made using the “transfer function.” The transfer function is the ratio of two
Department of Mechanical Engineering, spectra at each frequency in the spectra. Comparisons were done in flows with low (0.6
University of Minnesota, percent) and high (8 percent) free-stream turbulence intensities. Evidence was gathered
Minneapolis, MN 55455 that suggests that relatively low-frequency, large-scale eddies in the free stream buffet the

boundary layer, causing boundary layer unsteadiness at the same low frequencies. These
fluctuations are present in both transitional and fully turbulent boundary layers. They are
seen under both high and low free-stream turbulence conditions, although they are stron-
ger in the high-turbulence case. Examination of the turbulent shear stress suggests that
the low-frequency fluctuations enhance transport in the boundary layer but they are not
so effective in promoting eddy transport as are turbulent eddies produced and residing
within the boundary layer. In the fully-turbulent boundary layer, higher-frequency fluc-
tuations are added to the low-frequency unsteadiness. These higher-frequency fluctua-
tions, not seen in the transitional boundary layer, are associated with turbulence produc-
tion in the boundary layer and appear not to be directly related to free-stream
unsteadines4.50889-504X00)00403-7

Introduction [2]. While it is clear that the free-stream influences the boundary

Free-stream turbulence has a strong effect on the behaviorl%\fe_r‘ the mechanism by which this hgppens is not entjr_ely clear,
boundary layers. Elevated free-stream disturbance levels tendP@ticularly under high-free-stream-disturbance conditiggh
cause early transition from laminar to turbulent flow, can lead #§0st turbulence models assume that turbulence enters the bound-
higher skin friction and heat transfer coefficients, and can affeaty layer from the free stream by a diffusion process. Recent
boundary layer separation. High free-stream turbulence tendsstodies such as Johnson and Er¢df) Mayle et al.[5,6], and
cause rapidbypas$ transition, but when stabilizing effects suchVoke and Yang 7], however, suggest that pressure fluctuations,
as acceleration are present, the transition zones can be extenaex. diffusion, are the primary mechanism by which turbulence

Highly disturbed flows are found in many applications, includenters the boundary layer.
ing gas turbine engines where free-stream turbulence levels agn an effort to understand bypass transition better, experiments
high as 20 percent are possible. It is generally accefittthat @ 1aye been conducted by several investigators to document flow
significant fraction of the boundary layer on a gas turbine blagg,n,yior at high free-stream turbulence levels. Volino and Simon

can be transitional as a result of concurrent, strong accelerati provide a review of transition work. Most of the work has
Accurate prediction of heat transfer and fluid mechanics, nec;gj )

sary for improved turbine design, depends therefore on an abil used on mean quantities such as local heat transfer coefficients,
to predict the effects of high turBuIence intensity and strong a{ﬁéan velocity and temperature profiles, and statistical quantities,

celeration on transition. While transitional flows can, in principleSuch as the turbulent kinetic energy, turbulent shear stress, and
be calculated through direct numerical simulati®@NS) of the turbulent heat flux. Other studies have considered the structure of

Navier—Stokes equations, this is not practical and will not b&e boundary layer turbulence using techniques such as quadrant
practical for design purposes for perhaps the next decade. Designalysis[9]. Documentation of this type has been valuable for
ers must therefore depend on transition models. building an understanding of the flow and testing models, but it
Existing transition models are not robust and tend to perfortms not provided the necessary information for relating the bound-
poorly when applied to high-disturbance environmeiifs Pres-  ary layer behavior to the free-stream conditions.
ently lacking is the good understanding of the interaction betweenThe present study attempts to address the boundary layer—free-
the free-stream and boundary layer needed for accurate predicligizam relationship by examining the power spectral density
of transition in high-disturbance environments. This “receptivipgpy of boundary layer and free-stream turbulence. Spectra, un-
'l% deorf itrt]\?els)guer\]tciic?rzyfcl)?ysec;ngz fgﬁ?ﬁ?%g&?&gg&?? gas ﬁetige mean and statistical quantities, provide some information
9 ’ Yy ReSNO¥Bout the range of eddy scales and the distribution of turbulence
, , , , ~kinetic energy among these scales in a flow. By comparing the
Contributed by the International Gas lTurbme‘ Institute for publlca_non in th%oundary layer and free-stream spectra, one may learn character-
JOURNAL OF TURBOMACHINERY. Manuscript received by the International Gas '
Turbine Institute August 1997. Associate Technical Editor: T. H. Okiishi. istics of the relationship between the two. Spectral analysis will
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not reveal all the secrets associated with the receptivity mechime. The test wall had a constant radius of curvat®eof 97 cm.
nism, but it does provide another perspective of this compléhe strength of curvatured/R, ranged from about 0.5 to 2 per-
flow. cent, depending on flow conditions. A suction slot at the leading
The method of comparison of spectra used here is the “transtige of the test wall insured that a new boundary layer began at
function.” The transfer function, commonly used in controls othe leading edge. A flexible convex wall formed the opposite side
vibration analyses, is a ratio of an output function PSD to an inpof the test section. This wall could be moved to provide the de-
function PSD. The ratio is taken at each represented frequersised streamwise pressure gradient on the test wall. The spacing
over the full range of frequencies in the signals. In this paper,b&tween the walls was 11.4 cm at the inlet to the test section,
transfer function is calculated by dividing the PSD from thelecreasing in the streamwise direction when the flow was to be
boundary layer(considered to be the output or dependent funaccelerated. In the low-FSTI configuration, air at STP entered the
tion) by the PSD of the free streaifthe input or independent test section with a streamwise unsteadiness of about 0.6 percent.
function). The boundary layer can be considered to be the systeRigh (8 percent FSTI was provided with a two-dimensional pas-
When a system has a single input and a single output, the transfig®e grid consisting of 4.22 cm diameter PVC pipes with 60 per-
function gives a clear indication of which frequencies in the inpwent blockage, as described by Kim et[d7]. A 1-m-long set-
are amplified by the system and, thus, are present in the outgiiig chamber between the grid and the beginning of the test
signal. The relationship between the free-stream and boundagttion provided uniform flow to within 3 percent in mean veloc-
layer turbulence spectra is not so simple. Certainly, the fre@y and 6 percent in turbulence level at the entrance to the test
stream turbulent kinetic energy has an influence on the boundaettion. The turbulence is nearly isotropic. Streamwise decay of
layer, but boundary layer turbulence is also generated by othfe free-stream turbulence in the test section is low and is quan-
mechanisms, such as near-wall bursting, during which transt#ied in Table 1.
tional kinetic energy in the external flow is converted to turbu- pata were acquired using hot-wire anemometry. IFospectra,
lence energy in the boundary layer. The transfer function cansingle-wire boundary layer prol{&SI model 1218 was used.
show evidence of free-stream influences on the boundary laygep,,,” andu’v’ spectra, a cross-wire boundary layer pr¢bsl
Also, energy in the boundary layer spectra that is not visible in thg,qel 1243 was used. Single-wire data were acquired in the
free stream indicates a direct prigin from sources other than g g, sublayer at* =5, near the position of maximum turbu-
free stream. The transfer function between t_he spectra izthe HWhce intensity y* =17), and in the free stream. Because the
bulent shear stress;u’v’, and the turbulent kinetic energy,,  cross-wire probe could not be positioned so close to the wall, data
will tell how turbulent transport is related to the overall fluctuatiofyere acquired ag* between 50 and 100 and in the free stream.
level in the boundary layer. Data were acquired from the hot-wires using a 12 bit digital
Blair and Andersorj10] and Sohn and Reshotkd1] present ,illoscope. For each spectrum, data were acquired in four sec-
boundary layer spectra from flows with free-stream turbulenGgng at sampling rates of 100 Hz, 1 kHz, 10 kHz, and 100 kHz.
intensities(FSTI) below about 2 percent. Their focus was mainlyrhe data were low-pass filtered at 1/10th the sampling (e
on Tollmein—Schlichting wave frequencies during the early pag}; 100 Hz, 1 kHz and 10 kHz for the four sections, respectively
of transition. At higher FSTI, Thole and Bogaffi2] and Moss Tyenty sets of 4096 data points were acquired for each of the four
and Oldfield[13] acquired data for spectral analysis in fully tur-sections. A Fast Fourier TransforfFT) was performed on each
bulent boundary layers. Both studies showed two distinct frequegst of 4096 points to compute each PSD. After the sections of a
cies in the boundary layer. At low Wave”“mbers'_ﬂ“Ct!Jat'O“S%ectrum were averaged for smoothing, they were pieced together.
the boundary layer could be tied directly to fluctuations in the freghe gata obtained with the 100 Hz sampling rate were used to
stream at the same frequencies, supporting the work of Mayg,ide the section of the PSD from 0 to 5 Hz, the 1 kHz sampled
et al.[5,6], Johnson and Ercdl], and Voke and Yang7] noted  qata provided the section from 5 to 50 Hz, the 10 kHz sampled
above. At higher wavenumbers, turbulence appeared to be gengies provided the section from 50 to 500 Hz, and the 100 kHz
ated in the near wall region and was not directly linked to the freg,\njed data provided the final section of the PSD from 500 to
stream. In the present study, boundary layer spectra were obtaiggg Hz. Acquiring the spectra in sections allowed better resolu-
in an unaccelerated, low-free-stream-turbulence-inten@§TI tion of the lower frequencies. In the most recent work, after it was
<0.6 percenf transitional flow along a concave wall and in highecognized that very little energy resided in the 0 to 5 Hz band,
FSTI (8 percenl, accelerated, transitional flows along a concavg,e 100 Hz sampled data were not acquired. For these spectra, the
wall. To the authors’ knowledge, this is the first such detailegl |, sampled data provided to 0 to 50 Hz section of the PSD.

documentation of such high FSTI transition. The choices of sampling rates, filters, sample size, etc., were pri-
o marily functions of the equipment used in the measuremengs,
Data Acquisition a digitizer with 4096 point bufferand the flow in question. Under

Experiments were conducted in a wind tunnel facility describedjfferent conditions, other choices might be more appropriate.
in detail by Kim and Simoii14] and more recently by Volino and ~ The uncertainty in the time-averaged quantitiés, v'*, and
Simon[15,16. All data were acquired in a boundary layer along a-u’v’ are 5, 10, and 10 percent, respectively. The uncertainty
test wall with concave streamwise curvature. The test wall was G8roduced in the smoothed spectral decomposition is consistent
cm wide, and measurements were made near the spanwise centiéh the above-mentioned quantities. At each frequency in the

Table 1 Conditions for low (1L-3L) and high (1H-7H) FSTI cases

Station xm] | Uglmss] | Rex10® [ Reg | ¥(%] [ gu1o6 | FSTUN | wl s | A, fem] | voo (W1 | AL fem) | o/, (H2)
iL 0.11 17.2 1.08 220 ~0 0 0.63 0.10 6700 0.022 103 167
2L 036 17.2 376 170 | 20-60 0 062 0.10 6700 0.024 115 149
3L 1.13 172 117 2040 | ~100 0 0.60 0.10 6700 ~0.022 ~11 ~150
1H 0.1003 6.23 0.39 260 6 5.56 53 035 437 0.34 15 420
2H 0.1895 732 0.87 197 7 4.03 42 030 334 032 1.9 397
3H 0.2607 8.30 1.37 27 12 3.13 35 0.29 4.18 0.32 22 403
4H 0.3449 9.74 2.11 209 17 229 29 0.26 3.91 0.32 27 376
5H 0.4231 11.00 292 246 26 1.80 2.6 025 472 0.32 32 351
6H 0.5805 12.92 471 389 72 1.30 2.1 0.23 342 0.30 36 3
7H 0.7353 14.63 6.79 495 93 1.01 1.8 0.23 3.79 0.31 3.5 436
Journal of Turbomachinery JULY 2000, Vol. 122 / 451
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spectra, 60 point$30 to each side of the point in questjoare
curve fit with a power law. The value at each frequency is pr¢
sented as the value of the curve fit at that frequency.

Transfer functions were calculated by dividing the PSD of on

spectrum by_ th_e P_SD of another at ea_tch frequency in the spec 0l Turbuiont Flow

The uncertainties in the transfer functions, taken as the combir

error in the two spectra used to compute them, range fral 9k i

percent for transfer functions involving onm spectra, to 15 Non-Turbulent Flow

percent for transfer functions involvin? and—u'v’ spectra. - 8 ‘ 7
m/s,

Experimental Conditions
Under low-FSTI conditions, the free-stream velocity was set 1

Turbulent Flow

a constant 17.2 m/s and spectral measurements were taken at t 5L |
streamwise positions; Reof 1.08x10°, 3.76x10°, and 11.7

X 10°. A stable streamwiséGortler) vortex pattern was observed 4 ! L L . L L ! !
downstream of the first measurement station. Spectral meast 0 0005 001 0015 002 0025 003 0035 004 0.045

ments were taken at spanwise positions corresponding to the jime [s]

wash and downwash locations of thér@er vortices. The spectra

appeared similar at the two locations, so results are presenkagl 1 Velocity time trace showing intermittent flow: high-FSTI
below for only the downwash location measurements. At the firgase, Station 6, y*=17

station, the boundary layer was laminar or in the early stages of

transition. At the second station the boundary layer was transi-

tional, and at the third station it was fully turbulent. Transitiori,+:50_ The uncertainty iny is 10 percent. This represents an
was augmented by the @ter instability as documented in Volino jmprovement over intermittencies determined by Volino and Si-
and Simon[18]. Flow parameters for this case are provided ifon[15,16] in the same flow using an analog circuit. The inter-
Table 1. Further details of the case are available in Kim €tldl.  mjttency values remained nearly the same for the first three mea-
and Volino and Simoif15,18. , surement stations. The beginning of the riseyisorresponds to

In the high-FSTI configuration, two cases were considered, of&, point wherek dropped below about 81075, Values ofK
of which is presented here. Both were done in accelerated flo ove 3<10-® are associated with relaminarizéti{mg] <o the
and results were qualitatively similar for the two cases. Stab glationship betweery andK for this flow is consistent ’With pre-

Gortler vortices were not o_b_served. Acce_leratlon St?b"'zed tr\?fous researchers’ results. More details of this case are available
flow and extended the transition zone in spite of the high FSTI. | Volino and Simor{15,16

cases done without acceleration at 8 percent FSTI, transition oc-
curred very near the leading edge. The flow entered the test sggc- It
tion with a velocity of 4.9 m/s and FSTI of about 8 percent. Th esults

flow was accelerated though the test section with a constant Ve1 ow-FSTI, Unaccelerated Flow. The free-strean’ spectra
locity gradientdU.. /dx, of 13.7 s*. The acceleration parameter.tor the |ow-FSTI case are shown in Fig. 2. The spectra are left in
K, decreased from a maximum 0#aL0"° at the leading edge t0 gimensional coordinates for lack of a clear choice of nondimen-
1X 10 ° at the last measurement station, as shown in Table 1. Téi@nalizing parameter. The spectra do not change greatly in the
Reynolds number an ranges were chosen for this case to simustreamwise direction. The integral length scale in the free stream

late roughly the conditions on the downstream half of the pressyseA , =6.7 m, found according to HinzE0]. The spectra are
side of a gas turbine blade. The FSTI decreased with streamwiggiied asf xu

. > . . X '2(f,df)/df versus lod. In these coordinates, the
distance, mainly due to the increase in the free-stream velocity. Alo4 under any section of the spectrum is proportional to the en-

the last m(_aa%urement station, the FSTI was 1'?] pircené. SpleEg%/ in that section of the spectrum. In this case, the energy is
were acquired at seven streamwise stations. The boundary tered around 0.8 Hz. Fluctuations at these low frequencies are

was transitional at the first six stations, becoming almost fullyssqciated with streamwise unsteadiness, and are not due to eddy
turbulent(although not yet a mature turbulent boundary Iaymsr ion. Nearly all of the enerav in’2 lies below 20 Hz
the seventh station. Flow parameters for this case are presente@m : y 9y )

Table 1. Figure 1 shows a time trace of velocity taken in the

boundary layer at the sixth measurement station. Note the two

distinct zones in the transitional flow. One zone is characterizec 0.005
by high-frequency, high-amplitude fluctuations. This zone is con-

sidered turbulent. The second zone is characterized by lower
frequency, high-amplitude fluctuations. The flow in this zone is 0.004 |~ Station 3
not turbulent, but is badly disturbed. The intermittengyjs the

fraction of the time that the flow appears turbulent. This value was T204) 0,008
determined using the instantaneous turbulent shear stress. The si &~
nals from a cross-wire probe were digitized at a 100 kHz sampling _ ,

rate and used to calculate the first time derivative of the instanta '2—2} 0.002
neousu’v’ . The square of this derivative was then compared to a
threshold value given as 0.0058%, whereU., is the local time-
averaged free-stream velocity. The flow was declared turbulen
whenever the threshold was exceeded. The threshold level was s

Station 1

l /Statlon 2

0.001

so that the flow declared turbulent corresponded to those zone 0

that appeared turbulent in visual inspection of traces such as the oo ot ! 10 100 1000

in Fig. 1. The intermittency varies with distance from the wall, but iz}

reaches a maximum at a plateau betwgén=30 andy™’ ~80.

The intermittencies listed in Table 1 are based on data taken at Fig. 2 Free-stream u’ spectra: low-FSTI case
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free-stream eddy

Fig. 5 Depiction of u’ caused by large-scale free-stream ed-
dies buffeting the boundary layer:  (a) undisturbed profile, (b)
profile disturbed by free-stream eddy
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Fig. 3 Free-stream v’ spectra: low-FSTI case dient of streamwise velocityyU/dy, as depicted by Fig. 5. Am-

plification occurs becaus@J/dy is much larger in the boundary
layer than in the free stream. Bradshf®i] used the terms “in-
Figure 3 shows the free-stream spectra at the first and sec-active motion” and “splat mechanism” to describe this effect.
ond measurement stations. Below 10 Hz, there is much less ge low-frequency unsteadiness discussed with tthespectra,
ergy inv’? than inu’2. Above 90 Hz,u’ and v’ are fairly which is a streamwise unsteadiness, would not produce this effect
isotropic (visible in an expanded plptThe integral length scale because it would not cause a displacement of fluid inytdeec-
associated witl’ , A,/ , is 11 cm. The frequency associated witttion. Voke and Yang7] provide a very similar description of the
this length scalel.,/A ., is 150 Hz(local values olU., are used free-stream effect on the boundary layer based on a Large Eddy
throughout the results to compute frequencies and length $calé@mulation of a high-FSTI boundary layer. They state that the
This length scale could be associated with the largest eddies in Will-normal free-stream fluctuations are most significant, and pro-
flow. The energy irv'2 is centered around 20 Hz, in contrast to/ide furtlrllez inLormation.c.)n how the free-stream disturbance may
2 —7 ; ventually lead to transition.
g}eeL:jdyPri(?t.i;r?nthr)]rirs],pcoansee@ appears to be a better descrlptOte At the downstream measurement statigfgy. 4) where the
Figure 4 shows the transfer function of between the bound- boundary layer has become turbulent, the broad-band peak of sta-
N .tion 1 has grown, and a new broad-band peak centered almost two
ary layer aty” =6 gnd the free stream at the three Streamw'ﬁg‘gades higher has emerged. The higher frequencies are probably
measurement stations. At the first measurement station, ociated with boundary layer turbulence, originating from near-
boundary layer contains more energy than does the free-strean iy, y;-hlence production, rather than amplification of anything
the frequency range 13 to 150 Hz. The low-frequendy, nresent in the free stream. The very high values of the transfer

<13 Hz, streamwise unsteadiness is “damped” by the boundagy, -tion support this conclusion. The transfer functions at the two

layer, as are the higher frequenciés; 150 Hz. The boundary qqnstream stations are very similar to each other, although there
layer is apparently amplifying the free-stream turbulence for 1

o e some growth at the higher frequencies between the two stations.
<f<150Hz. This is the range containing most of the energy 9 9 9

i ]
associated with eddy motion in the free stredig. 3. A possible 1 19ure 6 ShSVXS the transfer functionwf” between the bound-
explanation for the amplification follows: Large-scale, free-streafiy 1ayer aty” =35 and the free stream at the first and third
eddies buffet the boundary layer, causing a displacement of fifepasurement stations. At the upstream station, the boundary layer
in the y direction (normal to the wall. This displacement causes@nd free stge?m have ap()jprcl)ommately equal ehne(gtamsfzr
v’ fluctuations in the boundary layer at the frequency associatfiction=1) below 2 Hz and above 800 Hz. At the intermediate
with the free-stream eddies. It also causédluctuations within . caUENCIEs, centered around 20 Hz, the boundary layer has more

nergy than the free stream. The transfer function is qualitatively
the boundary layer at the same frequency due to the normal gzlmilar o that aty* =6 (Fig. 4, but with less “damping’” of the

1e+06 g 1e+06 r
F F "A/\\
100000 fF— 100000 F— SlalionSy’/ \1‘
F F /
10000 f~ ‘ 10000 TR N4
F ! F r
A 3
1000 p— \/\r Y I 1000 E
v | Station 2 h w2t | ;
——"" 100 £~ : —"=% 400
w2(6,d), o ; U2 (190 g ;
stream 4
10 g—' \/\(Stalion1 sreem
1 i h A A
: Ve wR]] i
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Fig. 4 Transfer function of

low-FSTI case

fHz]
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u’ between y*=6 and free stream:

Fig. 6 Transfer function of
stream: low-FSTI case
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high and low frequencies and higher values at the intermedia
frequencies. If the low transfer function values are due to nea
wall viscous effects, the lower valuesyat=6 compared to those
aty* =235 should be expected.

At the low FSTI, linear stability theory can be applied to predic 0.025 -
unstable frequencies in the boundary layer. Based on stabili
plots from Schlichting [22], the unstable frequencies for fx v2(f,df) 0.02 F
Tollmien—Schlichting(T-S waves are between 1200 and 200C df
Hz at station 1, and between 400 and 1500 Hz at station 2. T| [gﬁ] 0.015
boundary layer is unstable for @ker instability at all frequencies.

The low frequency peak at 30 Hz is below the unstable T—S wa\ 0.01
band. Free-stream buffeting, as described above, may therefi

provide a better explanation for this peak. The higher frequenc 0.005
peak appearing at station 2 may be attributable to a T—S instat s .
ity. Another possible explanation is that the higher frequency pes 4 10 100 1000
is indicative of turbulence as opposed to pretransitional fluctu:
tions. This is supported by the persistence of the peak at station o,
where the boundary layer is fully turbulent. ' , e i

Mayle et al.[6] provide a theory for predicting the most effec-\',:v'g'e iccgggzgﬁam v' spectra: high-FSTI case with stream-
tive frequency for promoting pretransitional boundary layer fluc-
tuations based on the free-stream spectra and length scales. Ap-
plying this theory to the present case, a most effective freque

. . . . . ¥ 8 shows)’ spectra in the free stream. The energy is centered
of 330 Hz is p_redlcted._ This frequency is betwee_n the peaks in t found 100 Hz pand there is less evolution in the sgt)r/eamwise di-
transfer functions of Figs. 4 and 6. If one examines the boundar '

. . . - réction than w. rved il . The integral length le\,
layeru’ spectra(not shown, but available in Volino and Simon, €ction than was observed i e integral length scalel,, ,

[15]) 330 Hz is not a significant frequency at stations 1 or 2, b&ssociated with the’ spectra is 1.6 cm at the first station, increas-

the turbulence is centered around this frequency in the fully P9 to 3.7 cm at the _down_stream stations. The associated fre-
bulent boundary layer at station 3. quency,U.. /A, , remains fairly constant at about 400 Hz. Tile

andv’ components, although different, are more comparable in
High-FSTI, Accelerated Flow. The free-streanu’ spectra this case than in the low-FSTI case, particularly at the low fre-

for the high-FSTI case are shown in Fig. 7. Unlike the low-FSTduencies. This indicates that the free-stream disturbance in the
case, there is considerable evolution in the streamwise directibigh-FSTI case is more associated with large scale eddy motion,
At the first streamwise station, the energy is centered aroundvaereas in the low-FSTI case it was associated more with stream-
peak at 20 Hz. This peak decays rapidly, as do all frequenciesse unsteadiness.
below about 400 Hz. Above 400 Hz there is some increase inFigure 9 shows the transfer function of between the bound-
magnitude with streamwise distance. The overall energy in tagy layer aty" =5 and the free stream. At the first streamwise
free stream drops at first before settling out to a more constasition, the boundary layer and free stream have about the same
value at the downstream stations. The growth at higher frequeshergy between 0 and 10 Hz. Between 10 and 400 Hz there is
cies may be due to a cascading of energy from the low frequenci@sre energy in the boundary layer. This peak in the transfer func-
to the high frequencieflarge scales to smajlhowever, some of tion is centered around 100 Hz, which corresponds to the peak in
what appears to be growth is just a slight shift toward highghe free-streans’ spectra in Fig. 8. This correlation between the
frequencies due to the accelerating free-stream velocity. The infgsnsfer function and the free-strearh spectrum at the upstream
gral length scale),, associated with tha’ fluctuations is 4.4 stations was also seen in the low-FSTI case in Figs. 3, 4, and 6.
cm at the first measurement station, and remains in the 3.4 cmAlBove 400 Hz there is much less energy in the boundary layer
4.4 cm range as the flow moves downstream. The frequency @san in the free stream. The boundary layer appears to damp out
sociated with these fluctuation®.. /A, rises from 150 Hz at the high-frequency fluctuations, acting as a low-pass filter. This
the first station to 420 Hz at the most downstream station. Thesghavior also agrees with the low-FSTI case. At the downstream
A values could be associated with large-scale eddy motion. Figations, the transfer function remains above 1.0 for all frequen-

cies. The peak at 100 Hz remains, but the most significant growth
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Fig. 7 Free-stream u’ spectra: high-FSTI case with stream- Fig. 9 Transfer function of u’ between y*=5 and free-stream:
wise acceleration high-FSTI case with streamwise acceleration
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100 —  Fig. 11. The highest frequencies in the boundary layer are associ-
: ated with turbulence produced in the near-wall region. At these
frequenciesy’ andv’ are similar.
Bypass transition occurs in the high-FSTI case, but unstable
frequency ranges may still be estimated. The accelerating bound-
ary layer is stable according to linear stability theory through the
first five stations, then becomes unstable in the 700—1200 Hz band
at the two downstream stations. The peaks in the spectra and
transfer functions are at lower frequencies than the unstable band,
indicating, as expected, that Tollmien—Schlichting type instabili-
ties do not play a significant role in this case.
The Mayle et al[6] theory predicts a most effective frequency
of about 1500 Hz for producing pretransitional fluctuations in the
boundary layer. This frequency does not correspond directly with
the peaks in the boundary layer spectra or the transfer functions.
f [Hz] Possibly the free-stream turbulence, which has its peak at a much
) ) lower frequency of 100 HZAFigs. 7 and 8 is not particularly
Fig. 10 Transfer function of u’ between y*=50 and free-  effective at promoting the type of disturbance described by Mayle
stream: high-FSTI case with streamwise acceleration et al.[6] in this case.
Mayle et al.[6] also predict the most important frequency for

promoting laminar heat transfer in a boundary layer subject to

] ] ] free-stream turbulence. This frequency, which is based on the
occurs above 400 Hz. This again agrees with the low-FSTI caggyundary layer thickness, is about 30 Hz for the present case. This
although the actual values of the transfer functions are Iowerfquuency is close to the peak in the free-stream disturbance and
the high-FSTI case due to the higher levels of free-strearm  the lower frequency peak in the transfer function. This suggests
this case. that the free stream in the present case, while not so effective in

Figure 10 shows tha’ transfer function between the boundandirectly promoting fluctuations that lead to transition, does pro-
layer aty"=50 and the free stream. The level of the transfemote fluctuations that lead to enhanced heat transfer. This is sup-
function is higher at this location than wt =5 (Fig. 9), but the ported by the results of Volino and Sim¢@6], who document
trends are the same in both figures. Similar results are observedigtificantly higher heat transfer in this case than would be ex-
y*=17 (not shown. Figure 11 shows the’ transfer function pected for low disturbance conditions. The lower frequency fluc-
betweeny* =50 and the free stream. The transfer function intuations may also play an indirect role, though changes in the
creases with frequency at all streamwise positions and increage@an velocity profile, in promoting transition, as proposed by
across the entire spectrum with streamwise position. Above 4¥@lino [23].

Hz, theu’ andv’ transfer functions of Figs. 10 and 11 are similar.

Below 400 Hz they are quite different. Thé transfer function is - : ;
S i is the important turbulence quantity for transport of momentum.
lower and does not exhibit the 100 Hz peak seen iruthgan